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A  M5VIEW  OP  THE  STRUCTURAL  DWAMXC  CHARACTERISTICS  OP  THE  XC-1U2A  AIRCRAFT 

A.  L«  Head,  Jr.,  Supervisor 
Structures  Dynamics  Group 
Chance  Vought  Carp. 

1.0  INTROTUCTIOH 

The  XC-3&2  Aircraft  is  a  tilt  wing  VTCL  vehicle  designed  to  demonstrate  the 
all-veatheV  operational  suitability  of  VTCL  transport  aircraft.  The  airplane  has 
superior  STQL  as  well  as  VTCL  capabilities.  It  features  a  large  cargo  compartment 
to  transport  a  payload  of  8,000  pounds  for  VTCL  missions  while  cruising  at  250 
knots.  The  limit  velocity  is  400  knots. 

The  airplane  is  powered  by  four  T64-GE-6  wing  mounted  engines  driving  four 
propellers  and  a  tail  rotocr  through  an  Interconnected  shafting  system.  The  wing 
is  of  moderately  high  aspect  ratio  mounted  high  on  the  fuselage,  and  can  be  tilted 
through  an  angle  of  100  degrees  for  the  hovering  and  transition  mode.  The  wing 
incorporates  full  span  double  slotted  flaps.  Independently  operated  split  ailerons 
are  mounted  on  the  outboard  sections  of  the  flaps.  Leading  edge  slats  for  stall 
suppression  ant  incorporated  on  the  outboard  side  of  each  engine  nacelle  to  com¬ 
pensate  for  the  angle  of  attack  induced  by  the  propeller  slipstream  in  these  areas. 
The  vertical  tall  is  a  conventional  fin  and  rudder  arrangement  centrally  located 
on  the  fuselage  and  supporting  the  all-moving  horizontal  tail  assembly. 

Figures  1  and  2  show  the  airplane  in  the  conventional  flight  mode  and  the 
hover  mode,  respectively. 

Inherent  in  the  design  of  this  type  of  aircraft  are  many  formidable  dynamic, 
aeroelastic,  and  acoustic  challenges.  Consequently,  considerable  effort  has  been  , 
expended  during  the'  design  phase  of  this  aircraft  to  define  clearly  the  major 
dynamic,  aeroelastic,  and  acoustic  design  requirements.  Stringent  weight  guarantees 


I 
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have  required  that  structural,  optimisation  studies  he  conducted  from  a  stiffness 
viewpoint  as  well  as  from  a  strength  viewpoint.  This  weans  that  each  part  of  the 
structure  is  'designed  to  withstand  the  critical  design  loads  for  a  minimum 
weight. 

This  paper  will  review  some  of  the  ware  interesting  dynamic  and  acoustic 
challenges  faced  during  the  design  of  the  XC-142A  Aircraft.  These  challenges  ere 
classified  into  three  areas  as  follows:  flutter  sad  vibration,  dynamic  response, 
and  acoustics.  Each  of  these  general  areas  is  subdivided  as  discussed  hereinafter. 
Required  test  programs  are  also  indicated. 

2.0  PLOTTER  ARP  V3BRATKH 

The  philosophy  of  design  far  flutter  utilized  on  the  XC-142A  Aircraft  is 
essentially  the  same  as  that  given  in  reference  (l).  The  basic  objective  of  this 
philosophy  is  to  produce  a  design  that  has  the  required  flutter  margin  for  the 
least  weight..  .The  required  flutter  margin  can  be  defined  as  follows:  At  any 
flight  condition  within  the  flight  envelope,  flutter  must  not  occur  within  a 
15  percent  margin  on  either  equivalent  airspeed  or  Mach  mmtoer.  To  attain  the 
basic  chjeetlv*  of  the  above  philosophy,  a  good  balance  between  analytical  and 
experimental  efforts  must  be  established  and  scheduled  to  provide  the  right 
answers  at  the  right  time. 

2.1  Analytical  Program 

Each  major  component  of  the  aircraft  is  first  analysed  individually.  Then, 
the  components  ere  coupled  together  to  form  either  symmetric  or  antisymmetric 
analyses  of  the  complete  airplane.  Basically,  a  modal  typs  of  analysis  is 
employed  where  appropriate  vibration  modes  are  used  as  generalized  coordinates  in 

Lagrange's'  equstions-of -motion. to  define  the'  various  dynamical  systems .  Individual 

* » * 
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components  are  then  coupled  together  using  modal  coupling  techniques  to  define  the 
complete  airplane. 
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The  airforces  acting  on  each  airfoil  ore  baaed  on  modified  subsonic,  two- 
dimensional,  unsteady,  aerodynamic  theory.  The  modification  used  is  one  that 
farces  the  two-dimensional  theory  to  yield  the  correct  spanvrise  and  chordvise 
pressure  distributions  per  unit  angle  -of -attack  at  zero  frequency*  In  this,  way, 
correct  static  aerodynamic  performance  is  achieved  while  the  theoretical  frequency 

dependence  is  retained  at  other  than  static  conditions. 

« 

The  unsteady  airforces  acting  on  the  propellers  are  based  on  quasi-steady 
assumptions  using  static  propeller  derivatives  as  a  base. 

The  resulting  equations  of  motion  are  solved  on  an  IBM-7090  computer  to 
determine  critical  flutter  conditions.  Important  parameters  are  varied  to  determine 
their  effect  on  flutter. 

2.2  Analytical  Results 

The  empennage  of  the  XC-142A  presents  no  state-of-the-art  problems  from  a 
flutter  viewpoint.  To  illustrate  sane  of  the  analytical  results  Obtained,  the 
results  of  the  all-moving  horizontal  tail  coupled  with  the  synmetrie  airframe  analy¬ 
sis  are  presented..  Figure  3  shows  horizontal  tail  flutter  velocity  and  frequency  as  a 
function  of  its  uncoupled  pitching  frequency.  This  figure  is  a  summary  flutter 
plot  that  is  obtained  by  cross  plotting  data  from  damping  versus  flutter  velocity 
plots  such  as  shown  in  Figure  4.  Figure  4  is  the  conventional  "v-g"  plot.  It 
shows,  for  a  particular  dynamic  configuration  at  a  particular  altitude,  the  damping 
characteristics  of  the  system  os  a  function  of  velocity.  Also  shown  is  the  flutter 
frequency  versus  velocity.  An  incipient  flutter  condition  exists  where  the  damping 
goes  to  zero.  Figure  3  serves  the  function  of  determining  the  stiffness  require¬ 
ments  of  the  horizontal  tail  pitch  actuator. 

The  wing  of  the  XC-142A  does  present  a  state-of-the-art  problem.  Both  con¬ 
ventional  flutter  and  propeller  whirl  flutter  considerations  ore  important. 
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The  equations  -of -motion  that  define  both  of  the  above  .types  of  flutter  simulta¬ 
neously  require  the  inclusion  of  a  large  number  of  degrees -of -freedom  to  adequately 
represent  the  coupled  system.  This  gives  rise  to  state-of-the-art  problems 
associated  with  the  solution  of  the  equation.  Further,  the  number  of  .parameters 
that  need  to  be  varied  is  greatly  increased.  The  size  of  the  problem  makes 

parametric  studies  unwieldy  and  expensive.  Consequently,  the  component  method 
« 

of  analysis  is  used  extensively.  Basic  engine -gearbox  support  requirements  are 
determined  from  flutter  analyses  of  the  engine-gearbox-propeller  combination 
including  local  wing  flexibility.  Conversely,  basic  wing  flutter  requirements 
are  determined  assuming  the  engine-gearbox-propeller  combination  to  be  rigidly 
affixed  to  the  wing.  This  technique  of  analysis  yields  preliminary  design  in¬ 
formation.  The  complete  wing  -engine  -gearb  ox-propeller  combination  is  then  coupled 
together  and  analyzed,  minimizing  the  number  of  parameters  that  need  to  be  varied 
in  the  completely  coupled  system; 

A  schematic  drawing  of  the  engine-gearbox  mounting  system  is  shown  as  Figure  ?• 
This  mounting  system  features  a  multi-redundant  strut  arrangement.  The  philosophy 
of  design  for*  this  mounting  system  requires  that  the  system  be  operative  when  any 
one  joint  is  failed.  That  is,  the  failure  of  any  one  Joint  or  of  any  one  member 
shall  not  produce  a  catas tropic  aircraft  failure.  Consequently,  dynamic  failure 
analyses  are  required  consistent  with  the  above  design  philosophy. 

As  stated  previously,  component  analyses  are  conducted  for  the  cnglne-g^arb ox- 
propeller  combination  supported  on.  local  wing  constraints.  These  analyses  are -truly 
propeller  whirl  type  flutter  analyses.  The  objective  of  these  analyses  is. to  deter¬ 


mine  design  requirements  considering  both  failed  .  udjT'u 


Many  iterations  are  required  to  clarify  all  aspects  of  the  design  requirements. 
Consequently,  typical  results  are  presented  as  Figures  6  and  7  to  illustrate  the 


important  features  of  such  analyses.  Figure  6  is  a  damping  versus  flutter  velocity 
plot  that  shews  the  effect  of  strut  failures  on  flutter  velocity.  This  plot 
pertains  to  an  optimum-strength  (no  isolator)  configuration .  Figure  T  is  * 
daaping  versus  flutter  velocity  plot  that  shews  the  effect  on  flutter  velocity 
of  various  degrees  of  soft -mounting.  Three  conclusions  can  bo  drawn  from  Figures 
6  and  7  as  follows:  strut  failures  tend  to  reduce  flutter  speed,  soft- 
mounting  reduces  flutter  speed,  and  damping  is  very  important*  Usually,  a 
structural  damping  coefficient  of  0.02  can  be  expected  for  normal  aircraft 
structures,  whereas  a  value  of  0„o6  can  be  expected  for  soft-mount*  employing 
rubber.  As  shown  in  Figure  7,  a  little  damping  goes  a  long  way  In  propeller  whirl 
flutter  considerations. 

An  exainple  of  the  results  of  a  completely  coupled  ving-engine-geasbox-propeller 
combination  flutter  analysis  is  shown  as  Figure  8.  This  is  a  damping  versus 
velocity  plot  that  shows  the  effect  of  power  variation  (propeller  advance  ratio 
variation)  on  flutter  speed.  Power  variation  has  a  very  small  effect  on  flutter. 

As  a  setter  of  interest,  the  analysis  from  which  Figure  8  is  derived  contains  27 
degrees -of -freedom.  Both  conventional  airforces  on  the  airfoil  and  propeller 
airforces  are  included  in  the  analysis.  The  flutter  characteristics  of  the  healthy 
wing  are  summarised  in  Figure  9*  This  is  a  velocity  versus  Mach  number  plot  ob¬ 
tained  from  cross  plotting  data  such  as  shown  in  Figure  8.  Maximum  power,  cruise 
power,  and  no-power  conditions  are  shown.  Again,  power  setting  has  very  little 
effect  on  flutter.  The  no-power  condition  corresponds  to  a  windmilling  propeller. 

All  analytical  results  obtained  to  date  indicate  that  the  XC-142A  Aircraft 
is  flutter  free  to  the  required  margin. 


2,3  Flutter  Model  Design  and  Testing 

To  Implement  the  philosophy  of  design  for  flutter,  a  flutter  model  program 
for  the  complete  aircraft  is  in  progress.  A  l/lO-scale,  dynamically  similar 
model  is  designed  for  testing  in  the  Vought  Low  Speed  Wind  Tunnel.  To  comple¬ 
ment  the  analytical  program  and  to  facilitate  the  comparison  of  analytical  and 
experimental  results,  the  model  program  is  divided  into  three  phases  as  follows: 
wing  tests,  empennage  tests,  and  complete  aircraft  tests.  The  wing  and  empennage 
components  are  designed  to  he  assembled  into  the  complete  aircraft  model.  As 
indicated,  the  components  are  first  tested  individually  consistent  with  the 
analyses  that  are  available.  Then,  the  components  are  assembled  into  a  complete 
aircraft  model  and  are  tested  as  a  unit. 

A  very  high  degree  of  dynamic  simulation  is  achieved  in  the  model.  As 
usual  the  first  three  to  four  surface  vibration  modes  and  frequencies  are 
accurately  simulated  for  each  surface.  Aileron  and  rudder  degrees  of  freedom 
are  also  simulated.  However,  certain  aspects  of  the  detailed  simulation  deserve 
special  mention  as  follows:  the  fundamental  propeller  blade  mode  is  simulated, 
the  engine-gearbox  mounting  system  is  simulated  in  detail  both  dynamically 
and  geometrically,  struts  in  the  mounting  systems  can  be  removed  to  simulate 
failure  conditions,  the  propellers  are  interconnected  with  a  shafting  system, 
the  in-plane  modes  of  the  wing  are  simulated,  and  the  first  three  symmetric 
and  antisymmetric  modes  of  the  fuselage  are  each  simulated. 

'She  dynamically  similar  model  design  extends  the  state-of-the-art  in  modeling 
technology  is  several  aspects  of  th*  simuletia%  The  model  is  to  be  used  for 
■both  flutter  testing  and  tor  stead y-sta*e  response  testing.  The  rssps&se  of  the 
airframe  to  propeller  u^aUace  is  to  be  defc«r»im4  both  in  still  air  and  in. 
various  flight  conditions,  5Sii*  work  is  to  be  the  subject  of  a  paper  that  will 
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be  presented  at  the  forthcoming  Symposium  on  Aeroelastic  and  Dynamic  Modeling 
Technology  in  Dayton,  Ohio,  September,  1963. 

Currently,  the  wing  tests  are  parti <Lly  completed.  These  test  clear  the 

healthy  wing  to  the  required  flutter  margin.  Failure  configurations  are  being 

run  in  the  tunnel.  The  empennage  testa  are  scheduled  during  July,  and  no  problems 

are  anticipated.  Finally,  the  complete  aircraft  model  is  scheduled  for  testing  - 
* 

during  August.  During  these  aircraft  testa  the  model  will  be  flown  in  the 
tunnel  constrained  by  a  cable.  Fore-and-aft  translation  and  roll  are  constrained 
by  the  mounting  system*  The  model  is  trimmed  by  the  all-moving  horizontal  tail 
which  is  controllable  from  outside  the  tunnel. 

Ho  tests  of  any  transition  configurations  are  planned.  During  hover  and 
transition  the  velocities  are  relatively  small  and  no  flutter-type  instabilities 
are  anticipated. 

3.0  DMfAMIC  HBSPCWSE 

The  dynamic  response  loads  due  to  both  transient  and  steady-state  excita¬ 
tions  provide  some  very  interesting  problems  on  the  XC-142A  Aircraft.  Only  a 
few  of  these  problems  are  discussed  herein.  They  are:  aircraft  response  due 
to  gust,  aircraft  response  due  to  propeller  unbalance,  and  shafting  response  - 
due  to  shaft  unbalance. 

3.1  Oust  Response 

Gust  response  loads  combined  with  maneuver  loads  usually  produce  critical 
design  loads  for  low  load -factor  aircraft.  Further,  the  loading  specturo  during 
the  life  of  an  aircraft  is  strongly  influenced  by  gust  loading.  This,  in  turn, 
determines  the  environment  for  fatigue.  It  is,  therefore,  very  important  to 
determine  the  gust  loads  as  accurately  as  possible.  Two  basic  analytical 
approaches  to  the  gust  response  problem  are  utilized  on  the  XC-142A  Aircraft. 
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One  is  a  discrete  gust  analysis;  the  other  is  a  power-spectral-density  (PSD) 

gust  analysis.  The  discrete  gust  analysis  is  based  on  the  assumption  that  the 

\ 

aircraft  will  encounter  a  single  "1-coeine"  gust  of  a  50  feet  per  second  ampli¬ 
tude.  The  wave  length  of  the  gust  is  varied  to  produce  the  maximum  loading- 
possible*  The  PSD  gust  analysis  is  based  on  a  statistical  definition  of  the 
atmosphere.  Treating  the  gust  velocity  distribution  as  a  random  variable,  the 
probability  of  encountering  a  gust  of  a  given  amplitude  is  defined  for  various 
atmospheric  conditions.  Many  papers  discussing  the  relative  merits  of  discrete 
and  PSD  gust  analyses  axe  available  in  the  literature.  For  example,  see  reference 
(2).  Only  a  few  of  the  major  points  are  discussed  below. 

The  discrete  gust  analysis  based  on  a  "l-cosine"  velocity  distribution  has 
been  used  in  aircraft  design  for  years.  It  has  the  advantage  of  being  simple  to 
apply*  end  it  has  a  powerful  experience  factor  in  its  favor.  However,  followed 
to  an  arbitrary  extreme,  it  can  give  quite  unrealistic  design  loads.  Far  instance, 
if  the  wing  is  designed  to  a  "l~coelne"  gust  critically  phased  to  give  maximal 
response  in  the  fundamental  normal  bending  mode,  should  the  fundamental  in-plane 
mode  also  be  tuned  with  another  critically  phased  gust?  This  criterion  leads  to 
the  superposition  of  peaks  In  the  determination  of  wing  normal  response  loads 
and  in-plane  response  loads,  and  the  two  conditions  cannot  occur  simultaneously. 
The  same  argument  can  be  made  with  respect  to  other  surfaces.  The  wave  length 
of  the  gust  necessary  to  tune  each  mode  is  different.  Therefore,  peaks  do  not 

l 

superimpose  in  general.  Much  weight  can  be  forced  into  a  design  using  this 
discrete  criterion  blindly. 


On  the  other  hand,  the  m>  type  OX  pi'WvidcS  S,  hHUCn 
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approach  to  the  problem  but  lacks  the  experience  factor  associated  with  its  use. 
Both  methods  of  analysis  are  being  used  on  the  XC-142A  Aircraft,  and  the  results 
are  being  compared.  In  general,  the  PSD  approach  is  providing  lower  design  loads. 


Figure  10  is  the  result  of  a  typical  PSD  analysis  shoving  the  timber  of  exceed¬ 
ances  of  vlag  root  bending  moment  that  might  be  expected  during  the  life  of  the 
XC-142A  Aircraft. 

3«2  Aircraft  Response  to  Propeller  Unbalance 

The  airframe  response  to  propeller  unbalance  is  important  for  two  basic 
reasons.  One  reason  is  the  steady-state  response  loads  that  must  be  used  in 
the  design  of  the  structure.  The  other  reason  is  the  human  factors  consideration 
in  occupied  areas.  Extensive  response  analyses  are  required  to  define  the  response 
of  the  airframe.  The  studies  conducted  on  the  XC-142A  Aircraft  are  consistent 
with  the  definition  of  the  dynamical  systems  used  for  corresponding  flutter 
'analyses. 

As  shown  In  Figure  7,  the  propeller  whirl  flutter  velocity  is  markedly 
reduced  as  the  mounting  system  Is  softened.  On  the  contrary,  it  is  desirable 
to  soften  the  mounting  systems  to  permit  vibration  isolation  of  the  airframe 
from  the  once -per -revolut ion  (IP)  xropeller  loads.  The  requirements  to  prevent 
propeller  whirl  flutter  and  to  provide  vibration  isolation  are  incompatible  and 
In  some  cases  axe  mutually  exclusive.  This  problem  is  aggravated  further  on 
the  XC-142A  due  to  motion  limitations  at  the  Intersection  of  the  gearbox  and  the 
cross  shafting  that  Interconnects  each  gearbox.  Strict  motion  limits  are  re¬ 
quired  at  this  intersection  to  prevent  excessive  loading  in  the  high-speed  shaft. 

% 

This  requirement  Is  also  incompatible  with  3JP  isolation  requirements.  Due  to 
these  incompatibilities,  no  IP  isolation  is  provided  in  the  form  of  soft  Isolators. 
Significant  IP  isolation  is  presided  In  the  basic  design  of  the  mounting  system, 
however.  The  next  possibly  significant  propeller  exciting  forces  occur  at  4P. 
Several  isolator  designs  to  produce  4P  isolation  are  considered.  Further  analy¬ 
sis  reveals  that  4P  isolation  is  also  unfeasible,  Consequently,  after  14  months 

j 

of  extensive  analysis,  it  is  concluded  that  all  isolation  achieved  must  be  inherent 

J 

in  the  basic  design  of  the  mount  structure. 
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To  see  this  problem  in  proper  perspective,  the  results  of  several  of  the 
final  analyses  are  shewn  in  Figures  11,  12,  and  13*  Figure  11  is  a  frequency 
response  curve  showing  strut  loads  per  inch-pound  (in-lh)  of  propeller  unbalance 
versus  propeller  rotational  speed.  (Refer  to  Figure  5  tor  identification  of 
strut  numbers.)  In  Figure  11,  the  unbalance  is  on  one  side  only*  The  variation 
of  strut  loads  for  several  configurations  is  shown.  An  optimum-strength  (no 
isolator)*  configuration  actually  produces  less  strut  loading  in  the  IP  range 
than  does  a  design  to  isolate  4P  excitations*  This  is  due  to  the  fact  that  the 
addition  of  resilient  material  to  produce  UP  isolation  drops  a  22  epe  peak  to 
18  ops,  placing  it  in  the  IP  operating  hand*  The  IP  operating  band  extends  from 

'15  eps  to  20  cys.  Similar  analyses  for  very  soft  mounts  significantly  reduces 

* 

strut  loading  in  the  IP  band,  but  these  soft-mount  designs  cannot  be  tolerated 
due  to  notion  limitations  as  previously  discussed. 

Figure  12  is  a  frequency  response  curve  for  the  UP  isolator  design  showing 
the -effect  of  strut  failure  on  loads*  In  most  struts,  the  loads  increase  due  to 
the  failure  of  other  straps;  however,  the  increase  is  not  dramatic .  This  is  due 
to  the  multiple  redundancy  of  the  mounting  system. 

The  basic  optimum-strength  (no  isolator)  configuration  is  designed  to  place 
the  predominately  pitching  frequency  of  the  propeller  at  about  12  epe*  The 
predominately  yawing  frequency  of  the  propeller  is  about  22  epe*  Thus,  the 
IP  operating  band  is  avoided  in  this  configuration*  Following  the  generally 
accepted  criterion  for  IP  Isolation,  the  isolator  design  should  place  the  boiler¬ 
plate  frequencies  in  pitch  and  yaw  at  TO  percent  of  the  IP  frequency*  This  would 
be  shout  U  epe  for  the  XC-142A  Aircraft*  This  criterion  is  essentially  met 
in  the  «lteh  mode  for  the  optimum-strength  configuration*  It  is  not  met  in 
the  yaw  mode. 

Figure  13  is  a  frequency  response  curve  for  th*  fuselage  stewing  both 
vertical  and  lateral  acceleration  per  in-lb  of  psroptller  unbalance  versus 
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propeller  rotational  a  peed.  There  are  some  fairly  large  peaks  in  the  IP 
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operating  band.  On  the  brighter  side,  there  are  also  some  fairly  l«r  valleys . 

The  philosophy  here  is  this:  should  a  pilot  find  that  he  is  operating  on  a  peak, 
he  can  vary  the  propeller  speed  slightly  and  get  into  a  valley. 

Currently,  a  very  conservative  philosophy  of  c cabining  loads  due  to  unbal¬ 
ance  of  different  propellers  is  in  use.  In  essence,  a  philosophy  of  superposition 
« 

of  peaks  is  employed.  This  is  highly  unlikely.  At  this  time,  a  statistical 
basis  for  combining  the  loads  is  being  developed. 

3»?J  Shafting  Dynamics 

The  high-speed  shafting  utilized  on  the  XC-142A  Aircraft  is  extending  tha 
state-of-the-art  for  shafting  applications.  A  philosophy  of  design  is  used  that 
requires  that  no  objectionable  vibrations  exist  in  the  entire  shafting  system. 

The  wing  cross  shafting  speed  is  approximately  8000  rpm.  The  tail  rotor  drive 
speed  is  6000  rpm.  To  meet  the  requirements  of  the  above  design  philosophy  the 
minimum  shafting  whirling  frequency  that  can  be  tolerated  is  12? jt  of  thfe  normal 
operating  shaft  speed.  To  Illustrate  the  type  of  analysis  performed  Figure  14 
is  presented*  Displayed  are  the  first  five  mode  shapes  and  frequencies  of  an 
unacceptable  tall  rotor  drive  configuration.  Design  changes  are. new  incorporated 
into  the  design  to  raise  the  minimum  critical  whirling  frequency  to  the  required 
value.  In  addition  to  whirl  frequency  calculations,  the  torsional  characteristics 
of  the  complete  shafting  system  are  known.  The  response  of  the  shafting  system 
due  to  torsional  transients  and  the  stability  characteristics  of  the  closed-loop 
system  involving  the  shafts  end  the  governors  are  all  pert  of  the  shafting  dynamics 
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work  already  accomplished. 

Ifarly  in  the  design  of  the  above  shafting  system,  the  decision  to  use  a  sub- 

critical  system  was  made.  A  euberitieal  system  required  the  least  developmental 

*'  ,  \  } 

A'lfctffcr  risk  in-  the  design.  It  is  by  no  means  certain,  however, 
lamer*  nearly  cgfcfogsa  than  is  a  supercritical  design. 


On  the  contrary,  a  supercritical  design  hs*  many  desirable  features.  For  Instance, 

the  tolerances  pertaining  to  eccentricity  aid  misalignment  of  the  shafts  can  he 

greatly  Increased.  Beal'*  ,  a  supercritical  design  allova  the  shaft  to  he 

isolated  from  the  support  structure.  Future  developmental  work  will  indubitably 

Include  a  very  serious  evaluation  of  a  supercritical  shaft  design. 

4.0  ACOUSTICS 
« 

High  Intensity  noise  Is  a  major  design  consideration  for  XC-142A  Aircraft. 

'Both  structure  and  personnel  are  affected.  There  ere  four  major  noise  sources 
as  follows:  main  propulsion  system,  tell  rotor,  aerodynamic  noise,  end  internally 
generated  noise.  The  main  propulsion  system  Includes  propeller  noise  and  exhaust 
noise.  By  far  the  principal  external  noise  sources  are  the  main  propellers  and 
the  tall  rotor.  The  tip  speed  and  purer  combinations  yield  very  high  sound  pressure 
levels.  Figure  15  shows  sound  pressure  level  contours  over  the  exterior  of  the 
airplane  far  a  9TCL  condition.  '  The  frequency  spectrum  of  this  external  noise  coo- 
tains  very  strong  discrete  frequency  components  associated  with  propeller  hjade 
passage  frequency.  Analysis  and  measurement  show  that  suet  of  the  acoustic  energy 
is  contained  in  the  first  three  harmonics  of  the  propeller  blade  passage  frequency. 

The  Impingement  of  acoustic  energy  on  structure  causes  the  structure  to  respond 
dynamically.  Response  loads  are  Induced  in  the  structure.,  causing  fatigue  problems. 
The  philosophy  of  design  adopted  requires  that  the  structural  fatigue  problem  he 
solved  while  achieving  the  aoet  sound  attenuation  possible,  interior  sound-proofing 
treatment  will  he  determined  after  Interior  sound  pressure  levels  are  measured  on 

'  the  first  airplane. 

< 

Consistent  with  the  stated  philosophy  extensive  analytical  and  experimental 
ptrogrsme  are  being  conducted  to  develop  design  criteria  far  the  outer  covering  of 
the  airplane.  The  most  critical  area  is  the  fuselage  side  vails  in  the  vicinity 
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of  the  propeller  Both  sheet-stringer  end  sandwich  types  of  design  we 

evaluated.  The  sandwich  structure  evaluated  is  Metalite.  The  faces  are  aluminum 
while  the  Interior  is  balsa  wood. .  Metalite  is  ouch  better  from  an  acoustic  stand¬ 
point  than  an  equivalent  -we  ight ,  sheet-stringer  design.  It  has  superior  fatigue 
and  attenuation  characteristics.  Metalite  construction  is  now  used  over  a  large 
area  of  the  fuselage. 

5.0  TEST  PROGRAMS 

In  addition  to  some  of  the  tests  previously  indicated,  extensive  dynamic 
testing  programs  will  be  conducted  on  the  aircraft  and  its  components  to  verify 
design  information  included  in  the  various  analyses.  For  instance,  each  com¬ 
ponent  of  the  aircraft  will  be  ground -vibration  tested  to  determine  mode  shapes 
and  frequencies.  Prior  to  first  flight,  the  complete  airplane  will  be  suspended 
and  vibration  tested  to  determine  coupled  modes  and  frequencies. 

Output  impedance  teats  of  each  servo-actuator  will  show  whether  or  not  control 
surface  impedance  requirements  are  met.  To  verify  IP  loadings  a  comprehensive  test 
program  is  planned  on  the  engine  test  stand.  Strut  loading  will  be  measured. 

A  simulator  accurately  simulating  all  wing  dynamics  and  containing  the  actual 
engine,  propeller,  shafting  system,  and  controls  is  under  construction  at  Moffett 
Field,  California.  This  simulator  is  called  the  Propulsion  Integrated  Test  Stand 
(PUS).  Comprehensive  tests  are  planned  on  the  PUS  to  determine  strut  loading, 
whirl  frequencies,  and  transient  response  characteristics.  Any  dynamic  problems 
related  to  the  propulsion  systems  will  manifest  themselves  prior  to  first  flight. 

-During  the  50-hour  ground  run  of  the  first  airplane  all  important  dynamic 
quantities  will  be  measured  again*  Sound  pressure  levels  Inside  and  outside  the 
structures  will  also  be  measured.  Finally,  all  of  the  quantities  will  be  recorded 
in  flight*  Flight  flutter  tests  are  scheduled.  Ho  doubt  some  dynamical  problems 
will  occur  during  the  flight  test  program,  but  the  analytical  and  expwlmental 
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PROPELLER  WHIRL  PLOTTER  CONSIDERATIONS  FOR 


V/STOL  AIRCRAIT 

By  Wilmer  H.  Reed  III  and  Robert  M.  Bennett 

ABSTRACT 

Recent  studies  of  propeller  whirl  flutter  conducted  at  the 
NASA  Langley  Research  Center  -are  reviewed  and  extended  to 
encompass  operating  conditions  peculiar,  to  V/STOL  aircraft.  The 
extension  of  previous  work  involves  consideration  of  angle  of 
attack,  propeller  thrust,  and  flapping  blades.  Experimentally 
determined  whirl  flutter  boundaries  using  both  measured  and 
theoretical  propeller  derivatives  are  compared  with  theory.  As 
a  related  dynamic  problem,  the  response  of  propeller-nacelle  systems 
to  random  atmospheric  turbulence  is  analyzed. 


PROPELLER  WHIRL  FLUTTER  CONSIDERATIONS  FOR 
V/STOL  AIRCRAFT 

By  Wilmer  H.  Reed  III  and  Robert  M.  Bennett 
INTRODUCTION 

The  purpose  of  this  paper  is  to  review  recent  work  on  propeller 
whirl  conducted  at  NASA  Langley  Research  Center,  to  extend  these 
studies  to  include  V/STOL  aircraft  operating  conditions,  and  to 
consider  a  related  problem  -  the  dynamic  response  of  a  propeller- 
powerplant  system  to  random  atmospheric  turbulence. 

Until  about  3  years  ago  the  phenomenon  known  as  propeller 
whirl  flutter  fell  into  the  category  of  an  interesting  but  academic 
problem  of  little  practical  concern.  The  possibility  that  a 
precession-type  instability  could  develop  in  a  flexibly  mounted 
aircraft  propeller-powerplant  system  was  mentioned  in  a  1958  paper 
by  Taylor  and  Browne  (ref.  l)  which  dealt  primarily  with  the  problem 
of  vibration  isolation.  Following  this  paper,  Wright  Field  personnel 
and  other  groups  made  propeller  whirl  flutter  calculations  for  new 
aircraft  as  a  matter  of  routine.  The  procedure  was  eventually 
abandoned,  however,  when  it  was  found*  that  in  all  cases  considered 
very  large  margins  of  safety  were  indicated.  Then  in  i960,  intense 
interest  was  focused  on  the  problem  as  a  result  of  two  Lockheed 
ELectra  accidents.  Wind-tunnel  investigations  conducted  in  the 
Langley  transonic  dynamics  tunnel  indicated  that  if  stiffness  in 
the  engine  support  structure  was  severely  reduced,  say  through 
damage,  propeller  whirl  was  possible)  in  the  undamaged  condition 
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the  aircraft  had  an  adequate  margin  of  safety.  The  solution  was 
to  modify  the  Electra  with  sufficient  redundant  structure  to  preclude 
a  large  loss  of  stiffness  from  a  single  failure.  Because  of  these 
experiences  with  the  Electra  and  the  sometimes  radical  departures 
from  conventional  methods  of  installing  propeller-poverplant  systems  - 
especially \  on  <  V/STOL  i  conf  i gurat ions  propeller  whirl; stability  r has, 

once  again  bSfcosne ■ d. design  consideration  on  new  propeller  aircraft. 

During  and  since  the  Electra  investigation  several  generalized 
studies  of  propeller  whirl  have  been  published  by'  the  NASA.  These 
studies  show  the  influence  of  various  parameters  affecting  the 
stability  of  a  simplified  representation  of  propeller-powerplant 
systems.  References  2,  3,  and  4  analyze  the  whirl  stability  of  an 
isolated  propeller  system  which  is  assumed  to  be  flexibly  mounted 
to  a  rigid  back-up  structure}  more  recently/  unpublished  experimental 
data  have  been  obtained  for  a  similar  system  wherein  both  propeller 
aerodynamic  derivatives  and  whirl  stability  boundaries  were  measured. 
These  investigations  were  concerned  primarily  with  operating  con¬ 
ditions  representative  of  high-speed  (low  angle-of-attack)  flight. 
Under  such  conditions  it  can  be  shown  that,  from  the  standpoint 
of  whirl  stability^  the  effects  of  mean  angle  of  attack  and  thrust 
of  the  propeller  are  relatively  unimportant  and  can  therefore  he 
neglected.  This  leaves  open  the  question  of  propeller  whirl 
stability  on  V/STOL  aircraft  during  the  high- thrust,  high-angie-or- 
attack  transition  maneuver.  Thus,  one  of  the  aims  of  this  paper  is 
to  extend  the  previous  generalized  studies  to  include  the  effects  of 
thrust  and  high  mean  angles  of  attack. 
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SYMBOLS 

propeller  chord  at  0.75  blade  radius 
number  of  propeller  bla4es 
propeller  pitching-moment  coefficient 
total  pitching-moment  coefficient  about  pitch  axis  of 
system  (see  eq.(8)) 
propeller  yawing-moment  coefficient 
thrust  coefficient, 

propeller  side-force 
propeller  vertical-force  coefficient 
offset  of  blade  hinge  axis 

response  in  9  due  to  unit  impulse  in  v  and  w,  respectively 
moment-of-inertia  ratio,  W 

frequency -response  functions  giving  response  in  6  to 
unit  sinusoidal  inputs  in  v  and  v,  respectively 
mass  moment  of  inertia  of  propeller  about  axis  of  rotation 
mass  moment  of  inertia  of  propeller-poverplanfc  system  about 
pitch  axis 

propeller  advance  ratio,  ^ 

fiR 

f<y 

,  kg  »  -jj- 

di stance  from  plane  of  propeller  to  pitch  axis 
scale  of  atmospheric  turbulence 
propeller  radius 

rotational  stiffness  of  poverplanfc  mount  shout  pitch  axis 


coefficient 
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t,  r,  T  tine 

u(t),  v(t),  v(t)  longitudinal,  lateral,  and  -vertical  components 

of  turbulence  velocity 

/ 

v,  v  flow  angles  due  to  turbulence,  v  »  ~,  v  =  ~ 

V(o)),  w(o)  Fourier  transforms  of  v(t)  and  w(t),  respectively 
a  angle  of  attack  of  propeller 

3  geometric  blade  angle  at  P/75R  measured  from  propeller 

plane  of  rotation 
£  viscous  damping  ratio 

9,  t  geometric  pitch  and  yaw  angles 

6g,  effective  pitch  and  yaw  angles  in  turbulent  flow 

(see  eq.  (9)) 

e(ai)  Fourier  transform  of  8(t) 

k  density-inertia  ratio, 

Iy 

p  air  density 

o2  mean-square  value  of  turbulence  velocity  component 

t  nondiaenrtoMl  *1”.  f 

®0,  power  spectra  and  cross  spectra,  where  subscripts  denote 

the  associated  time  histories 
0  propeller  rotational  frequency 

circular  frequency 
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Subscripts: 

q.  differentiation  with  respect  to  9' 

r  differentiation  with  respect  to  f 

9  pitch  direction 

t  yaw  direction 

Primes  denote  differentiation  with  respect  to  t. 


s 

M  O  » 

DYNAMIC  SYSTEM 

A  schematic  diagram  of  the  idealized  propeller-powerplant  system 
to  be  considered  in  this  paper  is  shown  in  figure  1.  The  system  , 
is  mounted  on  two  springs,  89  and  S^,  located  a  distance  Z  behind 
the  plane  of  the  propeller.  These  springs  permit  small  angular 
deflections  9  and  y  of  the  propeller  axis  from  its  equilibrium 
position  which  is  inclined  at  an  arbitrary  angle  a  from  the  free 
stream.  Damping,  which  in  an  actual  system  would  be  introduced  by 
hysteresis  or  friction  in  the  mounts,  fuel  lines,  electrical  conduits, 
etc.,  is  here  simulated  by  equivalent  viscous  damping  £\|r  and 
Other  variables  shown  in  the  figure  are  the  airstream  velocity  U 
and,  the  rotational  speed  of  the  propeller  0. 

MECHANISM  OF  WHIRL  FLUTTER 

Let  us  briefly  review  some  basic  aspects  of  propeller  whirl 
flutter.  The  dynamic  behavior  of  a  propeller-powerplant  system  is 
governed  by  an  interaction  of  the  aerodynamic  and  gyroscopic  moments 
on  the  rotating  propeller,  the  inertia  forces  of  the  propeller- 
powerplant  system,  and  the  damping  and  elastic  forces  in  the  mount 
structure.  If  the  propeller  is  replaced  by  an  equivalent  nonrotating 
mass  and  the  aerodynamic  forces  are  neglected,  natural  vibrations 
of  the  system  about  the  pitch  axis  can  occur  independently  of  thoa* 
about  the  yaw  axis.  On  the  other  hand,  if  the  propeller  is  replaced 
by  an  equivalent  rotating  mass,  or  flywheel,  the  associated  gyro¬ 
scopic  moments  prevent  the  occurrence  of  independent  motions  in 
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either  pitch  or  yaw  so  that  the  natural  vibrations  of  the  system  are 
characterized  by  a  precession  or  wobbling  motion  of  the  rotation  axis. 
The  variation  of  these  so-called  "precession"  modes  with  rotational 
speed  of  the  flywheel  is  illustrated  in  figure  2  for  a  system  having 
symmetrical  stiffness  in  pitch  and  yaw.  Note  that  as  the  angular 
velocity  of  the  flywheel  is  increased,  the  frequency  of  one  mode 
increases  while  that  of  the  other  decreases.  As  illustrated -by  the 
sketches  on  the  right  of  the  figure,  the  flywheel  shaft  follows  a 
circular  path  for  each  mode.  For  the  higher  frequency  mode  the 
direction  of  precession  is  the  same  as  that  of  rotation  and  is  thus 
referred  to  as  the  "forward"  mode)  alternatively,  for  the  lower 
frequency  mode  the  direction  of  precession  is  opposite  that  of 
rotation  and  1b  referred  to  as  the  "backward"  mode.  These  inodes 
can  only  be  stable,  for  there  is  no  mechanism  by  which  the  flywheel 
can  add  energy  to  the  system. 

Let  the  flywheel  be  replaced  by  a  propeller  having  the  same 
angular  momentum.  Now  when  precession  occurs,  aerodynamic  forces 
and  moments  are  generated  due  to  angle-of- attack  changes  on  blade 
elements  of  the  propeller.  These  forces  anu  moments  are  governing 
factors  that  determine  whether  the  precession  modes  of  a  given 
system  will  damp  out  following  a  disturbance,  such  as  a  gust,  or 
willbbuild  up  with  time  ..until  the  structure  fails  or  its  motion 

«%  j  — j  -l. .  .1  «...  i_> _ , _ _ m  j  — t  xj  to.  1. __ 

found  that  on  conventional  propellers  whirl  flutter  invariably 
occurs  in  the  backward  whirl  mode. 
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Tbs  gene rail ted  propeller  whirl  studies  of  references  2,  3>  and  4 
show  trends  for  many  parameters  that  affect  the  stability  of  the 
system  shown  in  figure  1.  It  is  beyond  the  scope  of  this  paper  to 
summarize  these  trends)  however,  one  type  of  stability-boundary  plot 
is  particularly  enlightening  and  will  be  discussed  with  the  aid  of 
figure  3.  This  figure  shows  the  pitch  and  yaw  stiffness  required  for 
staoillty  for  three  values  of  structural  damping  (the  physical 
properties  of  the  system  treated  are  tabulated  in  reference  3  under 
system  2A  with  J  «  1.8) .  Both  whirl-flutter  and  static-divergence 
boundaries  are  presented.  An  Important  feature  shown,  which  appears 
be  be  characteristic  of  most  propeller  whirl  systems,  is  the 
pronounced  sensitivity  of  the  stability  boundaries  to  small  changes 
_n  structural  dancing  when  the  damping  is  near  zero.  Thus,  to  assume 
aero  structural  damping  for  a  propeller  system,  as  is  often  done  as 
*  weasure  cf  conservatism  in  conveni  ional  wing  flutter  analyses, 
wc*.ud  probably  lead  to  an  unduly  low  estimate  of  the  whirl  flutter 
speed.  Rote  also  that  the  shapes  of  the  whirl  boundaries  are 
. tiewloe  highly  dependent  on  damping. 

COMPARISON  OF  THEORY  AND  EXPERIMENT 

To  enaole  a  better  evaluation  of  theoretical  methods  for 
predicting  whirl  flutter,  some  experimental  data  have  been  obtained 
m  a  model  which  closely  resembles  the  idealized  mathematical 
ass #«1  treated  in  references  2,  3,  and  4.  The  model  is  shown  in 
figure  %  and  its  physical  properties  are  given  in  table  I  under 
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system  1.  Those  data,  obtained  by  Bland  and  Bennett  (ref.  5), 
include  measurements  of  both  static  aerodynamic  propeller  deriva¬ 
tives  and  whirl-flutter  boundaries.  Typical  results  from  the  study 
are  presented  in  figure  p,  which  shows  the  viscous  damping  required 
to  prevent  flutter  plotted  against  a  nondlmensional  velocity  ratio. 

The  calculated  stability  boundaries  shown  for  comparison  are 
based  on  three  sets  of  propeller  aerodynamic  derivatives:  theoretical 
derivatives  evaluated  by  the  methods  of  Ribner  (ref.  6)  and  Houbolt 
and  Reed  (ref.  3),  and  the  actual  derivatives  that  were  measured  on 
the  model  (the  damping  derivative  was  not  measured,  so  it 

was  calculated  by  the  method  of  ref.  6) . 

It  can  be  seen  from  the  figure  that  the  calculations  based  on 
measured  derivatives  are  in  excellent  agreement  with  the  experimental 
data,  while  those  based  on  theoretical  derivatives  predict  somewhat 
lower  flutter  velocities  than  were  observed.  Similar  comparisons 
between  theory  and  experiment  were  also  indicated  for  other  values 
of  such  system  parameters  as  advance  ratio,  inertlc,  and  pivot- 
point  location. 


V/3T0L  TRANSITION 


The  propeller  of  a  V/STOL  vehicle,  such  as  a  tilt-wing  aircraft, 
will  undergo  large  changes  in  thrust  and  mean  angle  of  attack  during 
transition  from  hovering  to  high-speed  flight.  Since  previous 
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with  the  high-speed  flight  regime  where  angle-of-attack  and  thrust 
effects  are  known  to  have  a  negligible  influence  on  whirl  stability, 


it  is  of  interest  to  explore  the  possibility  of  encountering  propeller 
•whirl  during  low-speed  transition  maneuvers.  For  this  purpose  some 
•whirl  stability  calculations  have  been  made,  utilizing  experiments], 
static  propeller  derivatives  obtained  by  Yaggy  and  Rogallo  in  the 
Ames  40-  by  80-foot  tunnel  for  high  a.igle-of- attack  and  thrust 
conditions  typical  of  VTOL  operations.  (See  ref.  7,  propeller  1.) 
These  derivatives,  which  were  determined  graphically  from  data 
presented  in  reference  7,  are  shown  in  figure  6  of  tht.  present  report. 
It  should  be  noted  that  since  the  damping  derivative  Cm^  was  not 
measured  in  reference  7  it  has  been  necessary  to  use  theoretically 
determined  values  and  make  the  assumption  that  emgle-of-attack  effects 
on  C,^  are  negligible.  The  system  considered  in  these  calculations 
is  identified  in  table  I  as  system  2. 

Figure  7  Indicates  the  effect  of  angle  of  attack  on  the  stiffness 
required  to  prevent  flutter.  The  curves  have  been  normalized  with 
respect  to  the  stiffness  required  at  zero  angle  of  attack.  Little 
effect  of  angle  of  attack  is  noted  for  0  »  13*0°,  which  corresponds 
to  a  low  thrust  condition  (Cij  ■  0  at  a  *  0))  at  0  «  36.5°>  which 
represents  a  high  thrust  condition  (C^  »  0.24  at  a  »  0),  a  moderate 
stabilizing  effect  is  present. 

The  effects  of  thrust  coefficient  for  angles  of  attack  up  to  30° 
are  presented  in  figure  8  for  several  values  of  advance  ratio.  The 
figure  indicates,  as  has  been  shown  in  previous  studies,  that 
propeller  thrust  effects  are  negligible  for  advance  ratios  represerta- 
tx n  of  high-speed  flight  (J  >  2.0) .  At  low  forward  speeds  during 


transition,  however,  thrusting  propellers  are  seen  to  have  a 
destabilizing  influence  on  whirl  flutter. 

The  combined  effects  of  thrust  and  angle  of  attack  on  the 
whirl  flutter  during  a  hypothetical  transition  maneuver  are  illustrated 
in  figure  9*  The  assumed  variations  of  a  and  Cj  with  forward 
velocity  are  given  on  the  left-hand  side  of  the  figure  and  the 
associated  flutter  boundary,  in  the  form  of  dancing  required  to 
prevent  flutter,  is  on  the  right.  (Velocity  was  determined  by 
assuming  cuqR  *  76.8  so  that  V  =  ft/sec.)  Shown  for  com¬ 
parison  is  the  flutter  boundary  computed  on  the  basis  of  Cip  =  0 
and  a  =  0.  Although  the  overall  effects  of  thrust  and  angle  of 
attack  are  slightly  destabilizing,  the!.large  1  margin  of.  stability  at 
low  forward  speeds  would  seem  to  indicate  that  propeller  whirl 
problems  would  not  occur  during  the  transition  maneuver.  It  should 
be  pointed  out  that  these  conclusions  arc  based  on  the  assumption 
that  is  essentially  independent  of  angle-of-attack  changes 

during  transition. 


FLAPPING  HINGES 


Propellers  with  blades  hinged  to  permit  flapping  in  a  plane 
perpendicular  to  the  propeller  rotation .adds  have  been  proposed 
for  V/STQL  applications.  Some  unpublished  data  obtained  on  such 
a  system  by  E.  P.  Baird  of  Grumman  Aircraft  Engineering  Corporation 
indicated  a  possible  occurrence  of  whirl  flutter  in  the  forward  mode 
as  wtJ.1  as  the  backward  mode  which  is  typical  of  fixed  blade  designs. 


n  an  effort  to  gain  further  insight  rzveo  the  problem,  we  have 


conducted  a  brief  exploratory  wind-tunnel  investigation  on  a  simple 
model . 

The  model,  shown  in  figure  10,  consists  of  a  windmilling  propeller 
attached  to  a  rod  which  has  freedom  to  pitch  and  yaw  about  a  set  of 
giisibal  axes.  The  system  has  symmetrical  stiffness  that  can  be  controlled 
by  varying  tension  in  a  spring  connected  axially  at  the  other  end  of  the 
rod.  Each  propeller  blade  is  attached  to  the  hub  by  means  of  two 
pins.  When  both  pins  are  in  position  the  blade  is  fixed)  when  one  of 
the  pins  is  removed  the  other  pin  becomes  a  hinge  about  which  the  blade 
is  free  to  flap.  (See  fig.  10.)  In  this  way  the  blades  can  be  hinged 
at  either  0.08  or  0.13  of  the  propeller  radius  from  the  spin  axis. 

Other  physical  properties  of  the  model,  identified  herein  as  system  J, 
may  be  found  in  table  I. 

Whirl-flutter  boundaries  for  the  flapping-blade  and  fixed-blade 
conditions  are  presented  in  figure  11.  Both  forward  and  backward  whirl 
instabilities  were  encountered.  The  system  became  unstable  in  the 
backward  mode  for  the  fixed  blade  and  the  0.13R  hinge  offset,  but 
instability  developed  in  the  forward  mode  with  the  smaller  hinge  offset 
of  0.08R.  Note  that  for  flutter  in  the  backward  mode  blade  flapping 
had  a  significant  stabilizing  influence)  Just  the  opposite  conclusions' 
are  indicated  for  flutter  in  the  forward  mode.  In  addition  to  .fre¬ 
quency  differences  (backward  whirl  occurs  at  low  frequency,  forward 
whirl  at  high  frequency),  the  two  modes  behaved  differently  in  oilier 
respects.  Whereas  backward  whirl  instability  was  accompanied  by 
divergent  motions  as  predicted  by  linear  theory,  forward  whirl 
instability  was  characterized  by  amplitude  limited  motions  which  could 
be  excited  when  the  disturbing  force  exceeded  a  threshold  level.  The 
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implication  to  be  drawn  from  these  preliminary  studies  is  that  blade 
flapping,  and  possibly  blade  flexibility,  can  have  either  strong 
stabilizing  or  destabilizing  influences  on  propeller  whirl  flutter. 
Additional  research  is  required  to  further  delineate  these  aspects  of 
the  problem. 


RESPONSE  TO  RANDOM  ATMOSPHERIC  TURBULENCE 

Previous  sections  of  the  paper  have  dealt  with  factors  that  affect 
the  stability  of  propeller-poverplant  systems.  A  related  problem  of 
interest  in  connection  with  dynamic  loads  and  fatigue  is  the  response 
of  such  systems  to  gusts  and  turbulence  in  the  atmosphere.  These 
loads  may  be  significant  even  though  the  system  is  operating  well  on 
the  stable  side  of  its  whirl-flutter  boundary. 

The  gust  response  problem  and  a  method  of  analysis  is  illustrated 
in  figure  12.  The  free-stream  velocity  is  represented  by  a  mean  velocity 
U,  upon  which  is  superimposed  unsteady  velocity  components  u(t),  v(t), 
and  w(t) .  These  time-dependent  velocities  produce  unsteady  forces  and 
moments  on  the  propeller  which  in  turn  cause  pitch  and  yaw  deflections, 
Q(t)  and  ^(t),  of  the  flexibly  mounted  system.  If  turbulence  is  con¬ 
sidered  to  be  a  stationary  random  process,  a  solution  can  be  obtained 
for  the  response  of  the  system  to  multiple  random  inputs  u(t),  v(t), 
and  w(t) .  This  requires  specifications  of  the  power  spectra  and  cross 
spectra  of  the  inputs,  together  with  a  set  of  frequency-response  functions 
which  define  the  response  of  t-he  sys-ham  to  sinusoidal  variations  of  the 
gust  velocity  components.  If  the  turbulence  is  considered  to  be  iso¬ 
tropic,  the  cross-spectrum  terms  become  zero  and  the  equation  for  the 
power  spectrum  of  response  of  the  system  in,  say,  pitch  can  be  written 


where  <tw  is  the  power  spectrum  of  the  v  and  w  components  of  tur¬ 
bulence  and  Hqv  and  E represent  the  response  in  pitch  to  unit- 
amplitude  sinusoidal  v  and  w  inputs.  It  is  assumed  that  Hqu  =  0. 

(For  derivation  of  equations,  see  appendix.)  A  graphical  indication 
of  the  way  in  which  typical  power  spectra  and  frequency-response  functions 
for  a  system  might  vary  with  frequency  is  also  shown  in  figure  12.  It 
should  be  mentioned  that  the  frequency-response  function  Hqv  -  that  is, 
the  response  in  a  vertical  plane  due  to  a  horizontal  gust  input  -  is  a 
measure  of  the  aerodynamic  and  gyroscopic  coupling  produced  by  the 
propeller.  The  two  peaks  in  the  frequency- response  curve  occur  at  the 
backward  and  forward  whirl  frequencies. 

For  purposes  of  illustration,  figure  13  shows  the  calculated  response 
to  random  turbulence  for  system  1,  whose  whirl-flutter  boundary  was  pre¬ 
sented  in  figure  5*  The  conditions  chosen  for  these  calculations  are 
=  2.0  and  £  which,  as  can  be  seen  in  figure  5#  fell  well 

within  the  stable  region  since  the  damping  required  for  stability  at  this 
value  is  C  “  0.002.  The  analytical  expression  for  the  turbulence 
spectrum  assumed  in  the  calculations  is  the  approximation  given  in 
reference  8  for  isotropic  turbulence  at  high  frequencies: 

*v  ■ 

where  o1-  is  the  mean-square  value  of  w  and  L  in  the  scale  of  tur¬ 
bulence,  ai  .jaed  here  to  be  5,000  feet.  It  was  also  necessary  to  specify 
a  propeller  radius,  which  was  taken  to  be  B  ®  6,75  feet  for  these 
calculations. 
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The  solid  curve  in  figure  15  represents  the  pover  spectrum  of 
the  response  of  the  system  in  pitch.  (Since  the  system  vas  assumed 
to  have  symmetrical  stiffness,  this  curve  also  represents  the 
response  in  yaw.)  The  dashed  curve  shown  for  comparison  indicates 
the  quasi-static  response,  that  is,  the  response  calculated  by 
neglecting  the  time-dependent  inertia,  gyroscopic,  and  damping  forces. 
The  relative  magnitudes  of  these  two  curves  at  a  given  frequency 
indicates  the  amplification  of  response  due  to  dynamics  of  the 
system.  As  would  he  expected,  the  amplification  is  highest  at 
frequencies  corresponding  to  the  natural  whirl  modes  and  becomes 
sharply  attenuated  at  higher  iTequancies. 

CONCLUDING  REMARKS 

This  paper  has  examined  some  potential  problem  areas  relating 
’  to  propeller  whirl  response  and  flutter  on  V/STOL  aircraft.  From 
limited  studies  presented  herein  on  highly  idealized  systems  the 
following  general  conclusions  are  indicated: 

1.  Calculated  whirl-flutter  boundaries  based  on  theoretical 
propeller  derivatives  are  in  reasonable  Agreement  with  experimental 
data;  those  based  on  measured  derivatives  are  in  excellent  agreement 
with  experiment . 

2.  For  flight  conditions  representative  of  transition  maneuvers, 
t-ba  effects  of  large  angle  of  attack  and  large  thrust  coefficient  are 
relatively  unimportant  from  the  standpoint  of  propeller  whirl 
stability. 


3.  Slapping  propeller  blades  can  hav«  significant  stabilizing 
or  destabilising  influences  on  propeller  whirl  and  Bake  possible  the 
occurrence  of  flutter  in  the  forward  whirl  mode. 

h.  Fowor-spectral-deneity  techniques  offer  a  convenient  means 
of  analyzing  the  response  of  propeller-poveiplant  systems  to  random 
atmospheric  turbulence . 


APPENDIX 


DERIVATION  OF  EQUATIONS  FOR  RESPONSE  OF 
PROPELLER-NACELLE  TO  RANDOM  ATMOSPHERIC 
TURBULENCE 

Response  Equations 

The  problem  considered  is  that  of  calculating  the  dynamic 
response  of  a  propeller-nacelle  system  to  random  fluctuations 
of  the  free-stream  velocity.  The  response  quantities  of  interest 
are  the  pitch  and  yaw  deflections  of  the  system  which  is  assumed 
to  he  flexibly  mounted  to.  a  rigid  backup  structure. 

Consider  the  free-stream  velocity  to  be  represented  by  the 
vector  addition  of  the  flight • velocity  U  and  time -varying  gust 
velocities  u(t),  v(t),  and  w(t)  as  is  shown  in  figure  12.  It 
will  he  assumed  that  the  gust  components  act  uniformly  over  the 
propeller  disk  and  that  the  response  induced  by  the  u(t)  component 
is  negligible.  Since  the  analytical  procedures  are  the  same  for 
both  pitch  and  yaw,  only  the  pitch  response  will  he  treated. 

The  pitch  angle  6(t)  of  the  system  can  be  expressed  in  terms 
of  arbitrary  time  variations  of  flow  angularity  due  to  gusts, 
v(t)  “  v(t)  »  by  means  of  the  superposition  integral 
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where  hg^.  is  the  response  in  6  to  a  unit  impulse  in  v  and 
similarly  hg^  is  the  response  to  a  unit  impulse  in  w.  Note  that 
the  function  hgy  is  a  coupling  term  which  describes  the  response 
in  a  vertical  plane  associated  with  gusts  in  the  horizontal  plane. 
This  term  is  a  result  of  the  aerodynamic  and  gyroscopic  coupling 
moments  on  the  propeller. 

The  gust  components  considered  herein  are  random  functions 
which  cannot  be  expressed  explicitly  in  terms  of  time,  as  is 
required  in  equation  (l) .  If  equation  (l)  is  rewritten  in  terms 
of  frequency  rather  than  time,  however,  the  problem  becomes  readily 
amenable  to  analysis  by  power  Bpectral  density  techniques.  (See 
ref.  8 .) 

The  Fourier  transform  of  9(t)  is  defined  as 

pT 

8(o>)  =*  lim  /  9(t)e"iajfc  dt  (2) 

T  — >  oo  u 


Substitution  of  equation  (l)  for  0(t)  into  equation  (2)  gives 


8(oi)  *  V(co)H0^(co)  +  W(co)Hes(<o) 


where  V(u>)  and  W(co)  are  Fourier  transforms  of  the  flow  angles 
v(i)  and  w(t),  respectively,  and  K^(s>)  a=i  Hgr'o)  are 


frequency- response  functions  which  describe  the  pitch  response  of 
the  system  to  unit  sinusoidal  inputs  in  v  and  w. 
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The  power  spectrum  of  the  response  ®q{o>)  Is  related  to  its 
Fourier  transform  by  the  expression 

2^  a(®)s*(®)  W 

where  9*  is  the  complex  conjugate  of  9.  From  equation  (3)  the 
spectrum  of  the  response  then  follows  as 


toJo)  s  lim  JL 
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where  and  axe  the  cross  spectra  between  v  and  w 

components  of  turbulence.  Henceforth  it  will  be  assumed  that  the 
turbulence  is  isotropic  so  that  the  following  simplifications 
can  be  introduced 


n  $•» 

v  \r 


B 

W  V 


Thus  equation  (5)  reduces  to 


*0 


(6) 
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Frequency-Response  Functions 

The  frequency -response  functions  in  equation  (6)  can  be  derived 
by  including  a  sinusoidal  gust  forcing  function  on  the  right-hand 
side  of  the  equations  of  motion  for  the  system.  For  convenience 
the  tvo-degree-of- freedom  symmetrical  system  considered  in  reference  2 
will  be  treated  as  an  example.  With  slight  modifications  of  the 
notation  in  reference  2,  the  equations  of  motion  for  the  propeller- 
nacelle  system  with  gust  terms  Included  become 


0”  +  }  r  *  stfyt'  +  *§«  -  (v«  + 
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where  a  viscous-type  damping  in  the  mount  system  has  been  assumed. 
The  aerodynamic  coefficients  with  bar  superscripts  denote  the  total 
moments  about  the  elastic  axes  of  the  system  due  to  aerodynamic 
forces  and  moments  on  the  propeller  and  are  defined  as  follows: 
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The  terse  0g  wad  tg  in  equation  (7)  represent  the  resultant  air- 
stream  angles  at  the  propeller  associated  vith  the  combined  effects 
of  angular  deflections  of  the  system  plus  gust  velocities. 

9g  *  6  -  w 

*g  -  *  +  »  (9) 

Assume  a  sinple  harmonic  variation  in  the  v  gust  component  and 
aero  disturbance  in  the  v  component.  The  forcing  function  and 
the  resulting  response  then  become 

w  •  w^e1^ 

*  -  .0 
e  »  e0eikT 

t  -  t0«ikT  (io) 

*"***?  i.  tto:hon4^Mlon^.^^D«.fr,W.acJr  «*-  T-  f  1. 
the  nondlmensional  time  variable. 

Equations  (9)  and  (10)  substituted  Into  equation  (7)  lead  to 
the  following  pair  of  simultaneous  equations  for  0O  and  t0: 

(A  +  1B)0O  +  (C  +  U»t0  -  (I  +  i*)w0 

-(C  +  iD)0o  +  (A  +  iB)ifo  -  (-C  +  lK)v0  (ll) 

where  with  the  assumption  of  structural  synaetry  kg  *  ty  and 
m  5^  m  5,  the  coefficients  in  equation  (11)  are 


•  nasi  m 


A  •  k§  -  k2  - 

B  -  (2^kQ  -  C^)k 

C  * 

D-  J -i* 

E--S 

P  »  -C^k 

K  »  Ca^k  (12) 


I 


The  frequency-re  spouse  functions  for  9  and  +  are  by 
definition 

9r 


.*0 


(15) 


But  since  the  system  under  consideration  is  symaetrical  In  pitch 


fcaS&fl 


and  yaw  the  second  of  equations  (lj)  can  be  vrittcn 


(14) 


Thus,  from  a  simultaneous  solution  of  equations'll).) :.for  ,.|£ 
f0  "®o 

and  the  frequency-response  functions  asy  be  expressed  in  the 
“o 


form  of  the  following  complex  ratiosi 


Ar  +  1Ai 


or 


vhere 


»  *g  +  1B2 
*  Ar  +  1*1 


(15 


Aj2  +  B^2 
djj2  +  Aj2 


H0y 


2 


Ag2  +  Bg2 
^2  +  Aj2 


a1«ae  +  c2-bp  +  hc 

^-BE  +  CD  +  AP-CK 
Ag-CE-AC-BK-DF 
Bg-nE-BC+AK  +  CF 
dR«A2  +  C2-i2»D2 
Aj  »  2AB  +  2CD 


With  the*  fre quency-re sponae  functions  and  an  assumed  form  of  the 
spectrum  of  turbulence  (see  ref.  9#  for  exan&le)  the  spectrum  of 
resulting  reeponae  of  the  system  can  he  calculate 5  by  means  of 
iifuatloh  (6). 


KmmcEs 


1#  Taylor,  E.  S.,  and  Brovne,  K.  A.:  Vibration  Iaolation  of  Aircraft 
Power  Plants.  Jour.  Aero.  Sci.,  vol .  6,  no.  2,  Dec.  193®> 
pp.  4-3-49. 

2.  Reed,  Wllmer  H.,  HI,  and  Bland,  Samuel  R.:  An  Analytical  Treat¬ 
ment  of  Aircraft  Propeller  Precession  Instability .  RASA  TN  D-659> 
1961. 

3>  Houbolt,  John  C.,  and  Reed,  Wilmer  H.,  Ill:  Propeller-Nacelle 
Whirl  flutter.  Jour.  Aerospace  Sci.,  vol.  29,  no.  3,  1962, 
pp.  333-34-6. 

4-.  Sewall,  John  L.:  An  Analytical  Trend  Study  of  Propeller  Whirl 
Instability.  NASA  TN  D-996,  1962. 

3*  Bland,  Samuel  R.,  and  Bennett,  Robert  M.:  Wind-Tunnel  Measurement 
of  Propeller  Whirl-flutter  Speeds  and  Static-Stability  Derivatives 
.  and  Comparison  With  Theory.  NASA  TN  D-1807,  1963. 

6.  Ribner,  Herbert  S.:  Propellers  in  Yaw.  NACA  Rep.  820,  194-5. 

7.  Yaggy,  Paul  F.,  and  Rogallo,  Vernon  L.:  A  Wind-Tunnel  Investigation 

of  Three  Propellers  Through  an.  Angle-of-Attack  Range  Frcm  0°  to 
85°.  MSA  TN  D-318,  i960. 

8.  Houbolt,  John  C .,  Steiner,  Roy,  and  Pratt,  Kermit  0.:  flight  Data 

Considerations  of  the  Dynamic  Response  of  Aixplanes  to  Atmos¬ 
pheric  Turbulence.  Presented  to  the  Structures  and  Materials  Panel 
and  to  the  flight  Mechanics  Panel,  AOARD,  Paris,  France,  July  3-13, 


TABLE  I-  SUMMARY  OP  SYSTEM  CHARACTERISTICS 


System 

1 

2 

3 

lx 

5 

0.135 

0.135 

0.583 

b0.75R 

R 

.a6 

.196 

.160 

1 

R 

.3^6 

.350 

.250 

K 

.0466 

.0504 

1.78 

B 

4 

5 

4 

J 

2.66 

varies 

1.1 

se/s* 

1.0 

1 .0 

1.0 

FORWARD  MODE 


precession  frequencies 


HIRL  FLUTTER 


STATIC  DIVERGENCE 


Model  used  for  measuring  stability  boundaries  and  aerodynamic  derivatives  (system  1). 
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Figure  10.-  Flapping  blade  propeller  vhirl  model  (system  3) • 


Figure  12.-  Response  of  propeller  system  to  random  turbulence 
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ABSTRACT 


In  connection  with  the  need  for  light  weight  components  in 
military  helicopters  and  STOL  and  VTOL  aircraft,  a  research  program  is 
being  conducted  by  Battelle  to  determine  the  merits  of  hypercritical- 
speed  power  transmission  shafts.  This  research  has  been  Sponsored  by 
the  Army  Transportation  Research  Command  and  the  Air  Force  Aeronautical 
Systems  Division. 

An  analytical  study  and  a  model  development  program  have  been 
the  basis  for  determining  effectiveness  of  operating  parameters,  including 
the  spring  constant  of  flexibly  mounted  shaft  support  bearings,  the 
support  damping  coefficient,  support  mass,  and  the  location  of  the  supports. 
A  digital  computer  program  was  developed  to  calculate  shaft  deflections  and 
critical  speeds.  An  analogy  to  high-frequency  electrical  transmission 
lines  was  developed  to  aid  in  the  design  and  placement  of  shaft  dampers. 

Recent  experimental  work  has  been  concentrated  upon  verifying 
the  dynamic  design  procedure  which  was  established  analytically.  Successful 
shaft  operation  has  been  obtained  at  speeds  above  the  18th  critical  speed 
using  commercial  quality  shafting  with  two  dampers. 
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HIGH-SPEED  SHAFTING  FOR  fOWER 
TRANSMISSION  IN  AIRCRAFT 


by 

J.  E.  Voorhees,  R.  G.  Dubensky,  and  J.  B.  Day 

INTRODUCTION 

The  work  on  which  this  paper  is  baaed  is  concerned  with  damping  the 
lateral  vibrations  of  power  transmission  shafts  running  at  their  critical  speeds* 

Critical  speeds  of  shafts  are  those  discrete  speeds  at  which  centrifugal 
forces  resulting  from  unbalance  overcome  -the  elastic  restoring  forces  in  the 
shaft,  causing  progressively  greater  deflections.  Operation  of  a  conventionally 
supported  shaft  at  one  of  its  critical  speeds  can  permanently  deform  or  destroy 
the  shaft  and  its  bearings. 

Designers  usually  plan  to  operate  shafts  below  their  first  critical 
speed  to  avoid  serious  problems.  This  practice  carries  with  it  certain 
penalties: 

(1)  Shaft  speed  may  be  kept  low,  requiring  high  torque  and  a 
large  shaft  to  transmit  a  given  horsepower. 

(2)  For  long  shafts,  the  diameter  may  be  made  larger  than 
required  for  torque  loading,  merely  to  raise  the  first 
critical  speed  above  the  operating  speed  range. 

(3)  In  the  case  of  shafts  sired  for  the  torque  loading,  closely 
spacsd  bearings  may  be  used  to  raise  the  first  critical 
•peed  of  any  section  of  the  shaft  above  the  operating  speed 
range.  Additional  flexible  couplings  are  frequently 
required  when ■ bearings  are  added . 
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All  of  those  practices  increase  the  shaft  weight.  This  can  be  a 
serious  penalty  for  aircraft  applications. 

The  weight  savings  which  were  expected  with  hypercritical-speed 
shafting  led  the  Army  Transportation  Research  Command  and  the  Air  Force 
Aeronautical  Systems  Division  to  contract  with  Battelle  Memorial  Institute 
for  a  feasibility  study  of  such  shafting.  [See  reference  1.3  The  ultimate 
objective  of  this  study. is  a  manual  for  the  design  of  hypercriticel-speed  power 
transmission  shafts  for  use  in  helicopters  and  vertical-takeoff  aircraft. 

Shaft  Size  vs  Critical  Speed  Relationships 

Figure  1  shows  the  range  of  shaft  sizes  and  speeds  of  potential  interest 
in  this  program.  The  unshaded  area  of  the  figure  encloses  the  sizes  and  speeds 
that  can  be  handled  experimentally  in  the  present  shaft  testing  machine.  These 
values  range  from  0.06-inch  to  0.5-inch  diameter,  and  up  to  50,000  rpp* 

The  horsepower  lines  in  this  figure  are  drawn  for  the  rather  high 
torsional  stress  of  50,000  psi  merely  for  example  purposes.  To  take  an  example, 
note  that  a  7/16-inch  diameter  solid  steel  shaft  could  transmit  500  horsepower 
at  40,000  rpm.  If  such  a  shaft  were  simply  supported,  however,  it  could  be  only 
7  inches  long  and  would  reach  its  first  critical  speed  at  40,000  rpm.  A  70- inch 
long,  7/16-ineh  solid  steel  shaft  simply  supported  et  its  ends  would 

reach  ita  taath  critical  speed  at  40,000  rpm.  The  70-inch  shaft  would  require 


0t04  0.0  020  0.40  1.00  2.00  4.00  100  20.0  400  1000  200.0 

Critical  Speed,  thousands  of  rpm 

FIGURE  !.  RELATIONSHIPS  BETWEEN  SHAFT  DIAMETER,  CRITICAL 

SPEED,  SUPPORT  SPACING,  AND  HORSEPOWER  FOR  A 

SIMPLY  SUPPORTED  SOLID  STEEL  SHAFT  WITH  A 

TORSIONAL  STRESS  OF  50,000  PSI 

Operating  envelope  of  Battel ie  high-speed  shaft  testing 
machine  enclosed  by  solid  line  on  figure. 


nine  bearings  between  its  ends  to  raise  its  first  critical  speed  to  40,000  rpm. 

On  the  other  hand,  if  a  70-inch  long,  simply  supported  shaft  were  sought  to  transmit 
500  horsepower  at  a  speed  Just  below  its  first  critical,  it  would  be  approximately 
1.4  inches  in  diameter  and  would  operate  under  1200  rpm.  These  examples  serve 
to  Illustrate  the  problems  facing  a  designer  of  subcritical  speed  power  transmission 
shafts. 

Approach  to  the  Problem 

Research  work  on  this  program  was  started  with  the  belief  that  dampers 
strategically  located  at  bearings  along  the  shaft  could  extract  enough  energy 
of  lateral  vibration  to  permit  continuous  shaft  operation  at  critical  speeds.  To 
prove  this  contention  three  approaches  were  followed: 

(1)  Digital  computer  programs  were  written  to  compute  shaft  critical 
speeds  and  shaft  vibration  amplitudes  with  various  bearing  and  (tamper  assemblies 
Installed. 

(2)  A  high-speed  testing  machine  was  designed  and  built  for  laboratory 
verification  of  shaft  behavior. 

(3)  An  analogy  was  developed  relating  high  speed  shafts  to  electrical 
transmission  lines  to  simplify  damper  design. 

Figure  2  schematically  illustrates  the  testing  machine  built  for  this 
work.  The  brake  head  assembly  can  be  located  where  desired  for  various  shaft 
lengths.  The  dampers,  or  intermediate  support  bearings,  can  also  be  located  at 
any  point  along  the  length  of  a  shaft.  Guards  consisting  of  very  much  oversise 
cast  iron  pillow  blocks  are  installed  along  the  shaft  to  protect  operating  personnel 
in  the -event  that  a  shaft  should  yibrata  wildly  or  even  break. 
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FIGURE  2.  SCHEMATIC  DIAGRAM  OF  TEST  MACHINE  BED  AND 
EQUIPMENT 


Figure  3  shows  schematics!. ly  an  intermediate  support  bearing  and 
damper  assembly.  The  ball  bearing  is  clamped  to  the  ah aft  with  a  collet  assembly. 
The  bearing  is  also  installed  in  a  lightweight  housing  attached  to  a  thin  steel 


flexure  plate  which  is  sandwiched  closely  between  fixed  outer  plates.  The 
clearance  between  the  flexure  plate  and  fixed  plates  is  adjustable  and  is  flooded 
with  oil  to  provide  viscous  damping  of  lateral  motion  of  the  shaft  and  bearing 
assembly.  Springs  attached  to  the  outer  edges  of  the  flexure  plate  restrain  its 
notion  somewhat*  and  are  another  variable  in  the  dynamic  system. 

The  testing  machine  grips  both  ends  of  the  test  shaft  in  collets, 
providing  essentielly  fixed  end  conditions.  Figure  4  shows  that  the  shaft 
critical  speeds  would  have  been  lower  for  simply- supported  shaft  ends  than  for 
the  fixed  end  conditions  which  were  used.  At  the  higher-order  critical  speeds, 
however,  the  end  conditions  have  little  effect  on  critical  speed. 

.gf  frpprfocnt? 

Initial  experiments  were  carried  out  with  more-or-less  a  trial  and  error 
approach,  in  which  damping  and  spring  rate  at  the  intermediate  bearings,  as  well 
as  bearing  location,  were  varied  widely.  Figure  5  shows  that  as  the  location  of 
one  pertlcular  support  bearing  was  varied,  the  satisfactory  operating  speed  range 
of  the  shaft  chcnged  substantially.  This  shaft  was  solid  steel,  1/4- inch  in 
diameter,  and  89.3  inches  long.  Satisfactory  operation  was  here  arbitrarily 
defined  as  a  vibration  level  sufficiently  small  that  the  shaft  did  not  strike  the 
guards  which  restrained  it.  This  was  a  peak- to -peak  amplitude  of  3/8  of  an  inch. 


Damping  fluid  in 
clearance  space 
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Test  shaft 


Flexure  plate 


Intermediate  support 
assembly 


FIGURE  3.  SCHEMATIC  DIAGRAM  OF  INTERMEDIATE 
SUPPORT  DAMPER 
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SUPPORTED  AND  FIX  ED -END  SHAFTS  FOR 
VARIOUS  VIBRATION  MODES 


Shaft  Speed,  rpm 


30,000 1 


25,000 


— ! - i - t - 

.Operating  speed  range,  upper 
limit;  peak-to-peak  amplitude 
equal  to  or  greater  than  3/8  - 
Inch 


20,000 


15,000 


10,000 


SCOO 


Operating  speed  range, 
less  than  3/8  Inch  peak- 
to-peak  amplitude 


.Operating  speed  range,  lower 
limit;  peak-to-peok  amplitude 
equal  to  or  greater  than  3/8 


2  4  6  8  10 

Support  Location  in  Per  Cent  of  Shaft  Length 


FIGURE  5,  SHAFT  SPEED  VERSUS  LOCATION  OF  A 
SINGLE  DAMPED  SUPPORT 

1/4-inch  diameter,  89.3-  inch  long  steel  shaft 
with  clamped  ends. 

Support  Characteristics:  K*!l.6  lb/ in; 
C-1.73*  lb -sec/in. 
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Figure  6  shows  the  results  of  a  series  of  tests  with  a  similar 
shaft,  but  with  two  dampers  installed.  The  location  of  one  damper  was  fixed 
for  the  tests  shown  here,  while  the  other  damper  was  moved.  Performance  varied 
more  widely  here  than  in  the  single  support  tests.  Figures  5  and  6  represent  but 
a  few  of  many  experiments  with  various  shafts  and  dampers. 

Analogy  Between  High-Speed  Shifts,  and  Eleotti&gl 
Transmission  Lines 


Digital  computer  calculations  agreed  well  with  initial  laboratory 
experiments,  but  little  basic  understanding  of  shaft  behavior  was  obtained 
until  a  different  analysis  technique  was  developed.  This  technique  utilizes 
an  analogy  between  the  mechanical  shaft  and  a  high-frequency  electrical  transmission 
line. 

The  differential  equation  of  the  bending  vibrations  of  a  beam,  which 
also  describes  the  behavior  of  a  rotating  shaft,  is  as  follows: 
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K  *  modulus  of  elasticity,  lb/ in. 
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FIGURE  6.  SHAFT  SPEED  VERSUS  LOCATION  OF  ONE 
DAMPED  SUPPORT  WITH  A  FIXED  LOCATION 
OF  A  SECOND  DAMPED  SUPPORT 

One  support  fixed  at  3. 36  per  cent  from  one 
end,  other  support  varied  from  other  end  toward 
shaft  mid-point  1/4- inch  diameter  steel  shaft- 
89. 3  inches  long  with  clamped  ends. 

Support  Characteristics:  K*il.6  Ib/in, 

C  =1.736  Ib-sec/in. 
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P  ■  shaft  material  density,  lb/in? 
g  “  acceleration  of  gravity,  386  io/sec2 
y  *  shaft  deflection,  in. 
x  **  distance  along  shaft,  in. 
t  *  time,  sec. 

The  fourth-order  differential  equations  describing  the  vibrations  of 
sha£vg  reduce  to  second-order  equations  if  the  shaft  deflection  curve  is  assumed 
to  be  sinusoidal  as  it  vibrates. 

This  condition  is  satisfied  by  making  the  following  substitution; 


where 


k 


■  a  constant  for  the  particular  system,  in7* 
Substituting  (3)  in  (2)  gives: 


(3) 


2 

Elk* 


g  St2 


(4) 


.  _k2y 

Equation  (4)  is  the  ordinary  wave  equation.  The  condition  ^^2 

implies  that  the  bending  moment  is  everywhere  proportional  to  the  displacement 
of  the  shaft.  This  is  almost  perfectly  true  except  near  the  shaft  ends.  A 


iMniji  treatment  of  the  shaft  ends  vss  devised  so  that  analysi s  procedures  used 
for  electrical  transmission  line  calculations  could  be  applied  to  the  shafts. 


This  treatment  of  the  ohaft  ends  was  obtained  in  the  following  manner. 

For  any  given  critical  speed  order  of  the  fixed-end  shaft,  a  shorter  simply-supported 

\  %  / 

shaft  can  be  found  which  has  the  same  critical  speed.  The  fixed-end  shaft  is 
therefore  considered  equivalent  to  a  simply- supported  shaft  joined  at  each  end  to  a 
short  cantilever  beam.  These  short  cantilever  beams  can  then  be  replaced  by  equivalent 
lumped  masses  and  springs  attached  to  the  ends  of  the  simply  supported  shafts. 

Figure  7  shows  the  development  of  the  transmission  line  analogy.  Part. 

(a)  of  the  figure  represents  the  shaft  schematically.  In  part  (b)  of  Figure  7 
the  clamped  shaft  ends  are  replaced  by  equivalent  spring-mass  combinations.  In 
part  (c)  of  the  figure  the  equivalent  electrical  quantities  arc  used  to  represent 
the  damper  assemblies  as  well  as  the  shaft  ends. 

In  calculating  the  performance  of  electrical  transmission  lines  it 
la  necessary  to  know  a  quantity  called  the  characteristic  impedance  of  the  line. 

For  shafts  this  quantity  has  been  derived  to  be:  [See  reference  2] 

Z  «  0.01J3f1/2E1/4P3/4(D2  -  d2)(0*f  d2>1/4  (5) 

c 

where 

Z  *  shaft  eharacteris'.ic  impedance,  ib-sec/in. 
c 

D  *  shaft  outside  diameter,  in. 
d  *  shaft  inside  diameter,  in. 
f  ■  shaft  rotational  speed,  rps 
For  a  solid  steel  shaft  equation  (5)  becomes 

2  «  O.m  n2  <o) 

c 

In  preliminary  experiments  designed  to  demonstrate  the  analogy  relationships, 
superior  performance  with'  solid  steel  shafts  was  obtained  with: 

Zc  »  iftf) i)XlZ 


(7) 
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No.  2  support 


No.  t  support 
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—Equivalent  simple  beam* 
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cantilever 


Equivalent' 

cantilever 


a.  General  Arrangement  of  High-Speed  Shafts  Studied 


No.  2  support 


No.  I  support 


Equivalent  mass  and  stiffness  of  cantilever  end 
b.  Equivalent  Mechanical  Representation  of  High-Speed  Shafts 


Cantilever 


Cantilever 


c.  Electrical  Analogy  of  High-Speed  Shafts 

FIGURE  7  DEVELOPMENT  OF  AN  ANALOGY  BETWEEN 
A  HIGH-SPEED  SHAFT  AND  AN  ELECTRICAL 
TRANSMISSION  LINE 
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For  best  impedance  matching,  or  most  effective  power  delivery  to  a  load 
in  an  electrical  system,  the  load  must  appear  purely  resistive  and  equal  in  magnitude 
to  the  characteristic  impedance  of  the  transmission  line.  In  the  shaft  system  the 
damper  at  the  intermediate  bearing  is  the  load  to  which  vibratory  energy  is  to  be 
delivered.  By  adjusting  the  spring  rate  and  mass  of  the  support  bearing  together 
with  its  location,  the  reactive  components  of  impedance  can  be  cancelled  so  that 
the  damper  can  be  made  to  look  purely  as  a  dissipative  or  resistive  load  at  any 
selected  speed. 

At  other  speeds  where  the  damper  assembly  does  not  appear  as  a  purely 
resistive  load  some  degree  of  increased  vibration  will  be  experienced.  This. is 
expressed  in  terms  of  the  Voltage  Standing  Have  Ratio  (VSWR)  in  electrical 
transmission  lines. 

The  effectiveness  of  a  damper  assembly  in  suppressing  vibration  or 
standing  waves  can  be  determined  most  readily  by  using  the  Smith  Chart.  This 
is  a  graphical  impedance  calculator  used  by  communications  engineers.  Details  of 
its  use  will  not  be  given  here  [See  reference  1,  pages  41  through  51],  but  it  doee 
permit  standing  wave  ratios  to  be  calculated  readily  for  any  damper  parameters, 
and  it  conveys  a  feeling  for  the  significance  of  the  various  dynamic  parameters 
during  the  solution  of  a  problem. 

.Pftnafa 

Numerous  successful  small-scale  high-speed-shaft  experiments  have  been 
made  with  damped  intermediate  supports.  To  make  it  possible  to  achieve  similar 
performance  with  full-scale  shafts  a  set  of  modeling  equations  is  needed.  The 
following  relationships  between  dynamic  shaft  parameters  were  developed  to  define 
the  basic  properties  of  all  circular  shafts  of  uniform 'cross,  section;  * 
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Characteristic  Shaft  Weight,  Wg  *  ~  '(D^  - 

Characteristic  Shaft  Lateral  Stiffness, K 

8 

Characteristic  Shaft  Natural  Frequency, u>g 

Characteristic  Shaft  Critical  Damping  Value, C  *  f  lb-sec/ in,  (11) 

s  18 

The  following  symbols  refer  to  the  intermediate  support  bearing: 

W  *  weight  of  bearing  plus  1/3  the  weight  of  each  support  spring,  lb. 

K  ■  combined  spring  rate  of  damper  springs,  lb/ in. 

C  ■  support  damping  coefficient,  lb-sec/ in. 

x  &  tetgftfaLJUippgjft ,  iag  jthaEL  la» 

over-all  shaft  length,  L,  in. 

Four  dynamic  scaling  ratios  exist  which  relate  parameters  of  shafts 
and  their  intermediate  supports  for  similar  dynamic  behavior.  Let  subscript  1 
refer  to  a  shaft  configuration  of  known  behavior,  and  subscript  2  refer  to  a  shaft 
of  different  dimensions  which  is  to  be  dynamically  similar  to  the  first  shaft.  The 
scaling  ratios  are  then  defined  as: 


(12) 

\l  Ws2 

(13) 

K.l  a  K.2 

JjL  «  fsL 

(14) 

c*l  cs2 

hm*r 

(15) 

<£)  LP,  lb. 


<8) 


mtLJLx  ,  1W1„.  (9) 

LJ 


Kg 


,  rad/sec. 


(10) 
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Knowing  tha  supporter  a- shaft  ratios  of  aquations  <12 )  through  (IS)  for  Shaft  1, 
all  that  raoMiss  is  calculating  tha  nacasaary  damper  characteristics  W^,  X^* 
and  Cj,  for  the  diameter,  length,  and  materials  of  the  second  shaft.  Tha  use  of 
these  modeling  equations  permits  scaling  the  satisfactory  operational  characteristics 
of  a  known  shaft  configuration  to  any  physically  dissimilar  situation. 

toiittiatil  Sitfittlsil  Aailgra 

An  example  of  the  application  of  this  design  technique  to  a  138-inch 
long,  1/2-inch  diameter,  solid  steel  shaft  is  given.  The  sacond  column  of  Table  1 
lists  its  first  20  critical  speeds  with  no  intarstedlate  support  bearings  added. 

It  was  arbitrarily  decided  to  design  a  damper  for  this  shaft  optimised  fcr  the 
sixth  critical  speed,  5,330  rpm.  The  seventh  column  of  Table  1  shows  the  standing 
wave  ratios  determined  for  one  damper  optimized  for  the  sixth  critical  speed. 

khan  high  values  of  standing  wave  ratio  were  calculated  at  the  first, 
fourth,  and  ninth  critical*,  as  indicated  in  column  seven,  the  decision  was  made  to 
add  a  second  damper,  optimized  for  the  fourth  critical  speed.  The  fourth  column 
of  Table  1  shows  Standing  Wave  Ratios  for  tha  second  damper  alone.  Note  that 
one  or  the  other  of  the  two  dampers  gives  s  low  value  of  standing  wave  ratio  for 
every  critic.,  speed  up  to  the  ninth. 

Experimental  operation  of  threa  different  shafts  using  this  pair  of 
dampers  verified  the  predictions  of  operation.  Column  nine  of  Table  1  lists 
neak-to-peak  vibration  *■**>! seasured  on  one  shaft.  The  shifts  rss  sssethly 
without  serious  vibration  up  to  11,000  rpm,  at  which  speed  they  became  audibly 
noisy.  They  continued  to  run  over  the  entire  speed  range  up  to  51,000  rpe>, 
approaching  the  twentieth  critical  speed*  Shaft  speed  was  limited  by  belt  slip 
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in  the  machine,  although  the  rising  noise  level  indicated  increasing  vibration 
at  the  twentieth  critical.  This  would  be  expected  from  the  high  values  of  VSWR 
at  that  speed.  It  should  be  clearly  stated  here  that  the  shafts  were  operated 
for  prolonged  periods  at  the  critical  speeds,  and  not  just  accelerated  past  them. 

Experiments  are  now  in  progress  to  evaluate  the  effects  of  smaller  and 
larger  values  of  damping  coefficient?  over  a  wide  speed  range.  Columns  three 
and  six  of  Table  1  show  calculated  values  of  VSWR  for  dampers  having  one-half 
the  so-called  "optimum"  damping  coefficient,  and  columns  five  and  eight  show 
values  of  VSWR  for  dampers  of  twice  the  "optimum"  damping  value.  The  ninth 
column  gives  maximum  measured  peak-to-peck  vibration  amplitudes  obtained  with  one 
shaft  and  the  damping  values  of  columns  four  and  seven.  Column  ten  lists  values 
of  initial  shaft  eccentricity  measured  at  twenty- four  stations  along  the  shaft. 

To  interpret  these  values,  read  column  one  as  station  numbers  along  the  shaft, 
rather  than  as  critical  speed  mode  number. 

The  series  of  experiments  in  progress  to  confirm  the  predictions  in 
Table  1  will  serve  to: 

(1)  Help  define  optimum  damping  values.  (Present  Indications 
are  that  higher  than  so-called  "optimum"  damping  values 
reduce  VSWR  at  speeds  away  from  the  design  speed.) 

(2)  Help  define  allowable  values  of  VSWR  for  a  given  degree  of 
shaft  crookedness  or  eccentricity. 

(3)  Indicate  the  sensitivity  of  the  shaft  system  to  changes  in 
damping  coefficient,  as  from  temperature  effects  on  the 
viscosity  of  damping  fluid. 


The  maximum  allowable  value  of  standing  wave  ratio  has  not  yet  been 


established  for  any  given  shaft  parameters  and  degree  of  unbalance,  nor  has  its 
precise  physical  interpretation  for  the  high-speed  shafts  been  determined.  Work 
now  in  progress  is  intended  to  more  fully  confirm  the  findings  already  presented, 
as  well  as  to  establish  what  might  be  termed  a  set  of  design  rules  to  simplify 
the  calculations  required  to  establish  the  critical  dynamic  parameters  of  damper 
location,  damping  coefficient,  spring  rate,  damper  mass,  and  permissible  standing 
wave  ratio. 


RANGE  OF  CRITICAL  SPEEDS  OF  INTEREST  FOR 
TANDEM  ROTOR  HELICOPTER  SHAFTING 

In  order  to  provide  some  general  guidelines  for  selecting  a  critical 
speed  range  likely  to  be  encountered  in  actual  applications,  a  brief  study  of  the 
relationship  of  shaft  critical  speed  to  engine  power  in  tandem  rotor  helicopters 
was  made.  Based  on  this  limited  study,  it  appears  that  the  speed  raoge  most 
likely  in  these  applications  includes  speeds  up  to  the  tenth  critical  speed. 
Speeds  up  to  the  sixteenth  critical  might  be  encountered  under  some  conditions. 

A  summary  of  the  design  study  follows.  The  following  conditions  w^re 
assumed  to  apply; 

(1)  Only  tandem-rotor  helicopters  were  considered. 

(2)  One  engine  per  rotor  was  installed  in  the  aircraft, 

(3)  Rotor  tip  speed  was  constant  at  Mach  0.7. 

(4)  Transmission  shaft  length  was  60  per  cent  of  rotor  diameter. 

(5)  All  solutions  involving  changes  in  shaft  materials  or 

diameters  were  for  equal- strength  conditions. 
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(6)  The  relationships  between  rotor  rpm,  engine  rpm,  and 
engine  horsepower  were  assumed  to  be  those  shown  in 
graphs  supplied  by  TESCOM. 

A  generalized  equation  relating  shaft  parameters  and  engine  parameters 
were  derived.  [See  reference  3,  Appendix].  The  equation  was  determined  first 
for  solid  shafts  and  states  the  value  of  mode  number  to  be: 


“ 

r  4/3  i 

"2.olid  ■  8.35  x  10s 

divr 

L  J 

N 

e 

.(N2  -  4750)2  hp2l/3 

where 

n  »  critical  Bpped  mode  number 

R  ■  combining  box  gear  ratio,  shaft  speed/ engine  speed 

O 

2 

S  “  shear  stress  in  shaft,  Ib/in. 

8 

*  engine  rpm 

hpe“  engine  horsepower 

All  of  the  items  in  the  first  bracket  are  shaft  design  parameters,  while 
the  second  bracket  consists  of  terms  which  can  be  obtained  from  Figure  8,  a  plot 
of  engine  rpm  vs  horsepower  derived  from  the  data  supplied  by  TRECOM. 

Equation  (16)  can  be  simplified  for  consideration  of  steel  and  aluminum 
shafts.  In  the  following  equations,  8  was  assumed  to  be  30,000  pei  for  steel 
shafts,  and  8,000  pel  for  aluminum  shafts. 


n  solid  n 
steel 


2.51  x  106  R  4/3N  4/3 
8  e 

<N  -  475©)2<hp  >1/3 


(17) 
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2  1.61  x  106R  4/3N„4/3 

n  solid  -  _  8  e 

aluminum  .  4750)2(hp  )1/3 

e  e 


(18) 


Two  other  parameters  will  be  of  general  interest.  Since  multi- 

engine  machines  will  probably  have  combining  gear  boxes,  it  seems  likely  that 

some  speed  reductions  will  be  made  in  these  boxes,  primarily  in  the  Interest 

of  weight  reduction.  Prom  equation  (16),  it  can  be  seen  that  the  mode  number 

n  varies  as  the  2/3  power  of  the  gear  ratio  R  .  Figure  9  is  a  plot  of  this 

8 

function. 


Tubular,  rather  than  solid  shafts  will  probably  be  used  in  real 
applications.  Figure  10  shows  the  relationship  between  mode  number  for 
tubular  shafts  of  equal  strength  and  their  inside-to-outside  diameter  ratios, 
d/D. 


Figure  11  presents  the  final  relationships  between  mode  number, 
shaft  material,  selected  gear  ratios,  and  engine  horsepower.  It  can  be  seen 
that  the  mode  number  does  not  vary  greatly  with  horsepower. 

A  typical  example  should  suffice  to  illustrate  the  use  of  the  figures. 
Suppose  it  is  desired  to  determine  the  probable  mode  number  for  a  future 
application  where: 

Engine  hp  -  2200  per  engine,  4400  total 

Shaft  -  Aluminum,  d/!0  ■  0.9 

Combining  Box  Gear  Ratio  ■  R  "0.6 

8 

From  Figure  8,  Ne  “  14,800  rpm 


0 


0.2 


04 


FIGURE  9 
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Combining  Box  Rotlo,  R,  • 

.  EFFECT  OF  COMBINING-BOX  GEAR  RATIO 
ON  SHAFT  VIBRATION  MODE  NUMBER 


FIGURE  50.  EFFECT  OF  DIAMETER  RATIO  OF  TUBULAR  SHAFTS 
OF  EQUAL  STRENGTH  ON  MODE  NUMBER 
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For  a  solid  aluminum  shaft,  with  R  “1.0,  the  probable  mode  number  is 

s 

found  from  Figure  11  to  be  18.7. 

The  mode  number  for  R  “0,6  can  be  determined  by  multiplying  the 

g 

factor  from  Figure  9  by  the  mode  number  for  R  “  1,  giving  a  "geared  down" 

O 

mode  number  for  a  solid  shaft  of  0.71  x  18.7,  or  13.28. 

One  final  step  remains  -  the  conversion  of  the  mode  number  for  a  solid 
shaft  into  that  of  a  tubular  shaft  whose  inside  diameter  is  0.9  times  its  outside 
diameter.  Figure  10  provides  a  conversion  factor  of  0.72,  which  when  multiplied 
by  13.28  gives  the  final  answer.  The  mode  number  is  9.56,  meaning  that  a  shaft 
with  simply-supported  ends  would  operate  just  above  its  ninth  critical  speed 
in  this  application. 

It  might  be  worthwhile  to  attempt  some  generalization  on  the  results 
obtained.  Tubular  shafts  will  almost  certainly  be  used,  and  a  diameter  ratio 
(d/D)  of  0.9  is  conservative.  Aluminum  is  a  likely  shaft  material.  Most  combining 
boxes  will  probably  have  some  reduction  built  in,  and  a  2:1  reduction  (R  "  0.5) 

O 


would  seem  to  U  s  reasonable  value.  From  these  assumptions  and  Figures  10  and  11, 
the  highest  probable  mode  number  would  be  11.6  x  0.72  “  8.35,  just  above  the  eighth 
critical  speed.  Allowing  some  margin  for  error,  it  might  be  concluded  that  most 
practical  shaft  installations  would  not  involve  speeds  above  the  tenth  critical, 
with  virtually  no  practical  installations  operating  above  the  sixteenth  critical 
speed  (5.  ^  1,  d/D  *=  0,3). 

O 

It  should  be  restated  here  that  the  values  of  mode  number  derived  above 
pertain  specifically  to  tandem-rotor  helicopters.  To  date  this  analysis  has  nit 
been  extended  to  other  types  of  aircraft.  The  results  obtained  for  most  VTOL/STGL 
configurations  are  expected  to  be  similar.  Torque  reaction  rotor  drives  for 
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single-rotor  helicopters  may  present  an  entirely  different  situation. 

CONCLUSIONS 

The  most  significant  findings  of  the  work  to  date  are: 

(1)  No  unusual  problems  of  shaft  straightness  of  balancing  have  been 
encountered.  In  fact,  a  dynamic  straightening  effect  has  been  observed  in  teats 
as  a  crooked  shaft  tends  to  rotate  about  its  own  center  of  gravity. 

(2)  Realistic  torsional  stresses  in  a  shaft  appear  to  have  an 
insignificant  effect  on  lateral  vibration.  Tests  are  continuing  to  fully 
confirm  this, 

(3)  Fatigue  is  not  expected  to  be  a  problem.  The  shaft  deflection 
curve  is  static  relative  to  the  shaft  as  the  shaft  rotates,  thus  the  shaft  is 
not  subjected  to  a  stress  reversal  during  each  revolution. 

(4)  The  electrical  analog  of  the  high  speed  shafts  is  a  great  aid 
in  damper  design. 

(5)  Power  dissipation  in  the  dampers  appears  negligible. 

(6)  A  dynamic  scaling  procedure  has  been  developed  which  permits 
the  findings  of  teats  with  small  shafts  to  be  confidently  applied  in  the  design 
of  larger  shaft  systems. 

(7)  In  most  aircraft  applications  of  hypercritical  speed  shafting  it 

is  expected  that  shafts  will  not  be  required  to  operate  at  speeds  above  the  sixteenth 
critical  speed. 

In  summary,  it  is  believed  that  power  transmission  by  hypercritical  speed 
shafting  is  practical  end  can  yield  important  weight  benefits  in  aircraft  through 

the  reduction  of  shaft  size  end  the  elimination  of  many  bearings  and  couplings. 

\ 
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INTRODUCTION 


The  dennnds  for  high  torque  capacity,  light  weight,  long  fatigue 
life  and  hi^L  speed  in  helicopter  and  V/STOL  drive  systems  are 
severe.  Some  V/STOL  aircraft  tend  to  have  complex  drive  arrange¬ 
ments  with  long  shafting  which  must  follow  structural  flexure, 
engines  and  transmissions  on  elastic  foundation  and  a  large  number 
of  lumped  inertias.  Universal  joints  are  required  to  transmit 
power  from  a  driving  shaft  to  a  driven  shaft  when  the  shafts  are 
not  in  alignment. 

For  transmitting  significant  power,  the  Hooke's  Joint  is  the  least 
expensive  universal  joint,  Jhas  large  misalignment  capability,  and 
experiences  of  the  past  300  years  have  developed  dependability. 
Because  a  Hooke's  Joint  is  cot  a  constant  speed  device,  it  intro¬ 
duces  torsional  vibrations  into  the  drive  system;  because  if  has 
moving  parts,  it  requires  lubrication  and  experiences  wear.  With 
careful  engineering,  a  VTOL  drive  system  can  be  designed  to  take 
advantage  of  the  many  desirable  features  of  the  Hooke's  Joint  with¬ 
out  suffering  excessively  from  its  limitations. 

This  paper  describes  an  analytical  technique  for  predicting  the 
dynamic  torsional  loads  and  shaft  bending  moments  which  result 
from  Hooke's  Joint  excitations.  Procedures  for  minimizing  dynamic 
loads  are  suggested  and  are  illustrated  with  examples  of  actual 
situations  encountered  with  hardware.  Certain  design  considerations 
relevant  to  dynamic  loading  are  discussed. 


NOMENCLATURE 

A 

0 

°9R 

C®F 

D 

F 

*c 

*i 

*ij 

P 

Q 

r 

R 

Z 

o< 


Plane  formed  by  intersecting  axes  of  shafts 

1  and  2 

Plane  formed  by  intersecting  axes  of  shafts 

2  and  3 

Rotating  bending  moment  on  the  ©  shaft 

Fixed  system  bending  moment  on  the  0  shaft 

Diameter 

Force 

Compressive  stress 

Mass  moment  of  inertia  of  the  1th  item 
Spring  rate  of  shaft  between  Items  1  and  d 
Load  per  unit  length  on  needle  bearing 
Torque 

Radius  of  shaft 
Radius  of  cross  arm 
Number  of  rolling  elements 

Angle  between  intersecting  planes  A  and  B,  positive 
when  measured  clockwise  from  plane  A  looking  from 
A  joint  to  B  Joint 

Misalignment  angle  on  the  joint 

Effective  misalignment  angle,  defined  by 
Equation  (16) 

Mov»«au  plane  B  and  plane  ox  yoke  3 
Phase  angle  defined  by  Equation  (9) 


NOMENCLATURE 


©  Angle  of  shaft  rotation 

=  CX  -f  ^ 

OT  Tensile  or  conpressive  stress  due  to  transverse 

bending 

“C  Shear  stress 

<p  Angle  of  shaft  rotation 

Index  angle  -  Angle  fro»  the  left  yoke  to  the  right 
yoke  on  shaft  2 

CO  s  2il 

St  Moainal  shaft  angular  velocity 


KINEMATICS  OF  HOOKE’S  COUPLING 


To  acco&arodate  both  parallel  and  angular  misalignment ,  it  is 
necessary  to  have  two  joints.  For  discussion  purposes  in  this 
paper,  two  Hooke’s  Joints  connected  by  a  shaft  will  be  considered 
a  Hooke's  Coupling, 

In  Figure  1  the  angle  is  the  angle  between  Plane  A,  formed  by 
the  intersecting  axes  of  shafts  1  and  2,  and  Plane  B,  formed  by  the 
intersection  of  the  axes  of  shafts  2  and  3.  The  angle  between  the 
left  and  right  yokes  on  shaft  2  is  the  "index  angle" 


From  Figure  2: 


fa n<f>  *  -tan  Q  Cdsfit  Equation  (1) 

and,  similarly  for  the  output  joint,  with  ft s  f- •/*» 


fan  ft-  fanYCOSp*  Equation  (2) 

Differentiating  Equation  (1)  and  simplifying  gives  the  velocity  of 
shaft  2  in  terms  of  the  velocity  of  shaft  1: 


4-4  COSpXl  - 

for  small  angles  ^ 

4~$  ~  0^  COS  2$ 
But,  $  XX.  , therefore, 

S  tt&caszt 


Equation  (3) 


Equation  (4) 


showing  that  the  velocity  difference  across  a  joint  is  a  two-per-rev. 
Differentiating  Equation  (2)  and  simplifying  gives: 


1  msA  ss  -wTl  -  CoSV«Ui&) 


Equation  (5) 


Equation  (6) 


Subtracting  Equation  (6)  from  Equation  (5) 

S  •*•  V  —  §  [(£*-/£ CdS  cas  -  $aX s/V?  2-fM>  sin  2-<j> J 

which  may  be  written  as : 


1  - ■ * = 'fV^^+^V  s‘»(z?-s)^mtion  (7) 


Letting  ®  2£Land  noting  that  ^  «  £2t>  very  nearly, 

6-  ^  |£si n*  V  S/n(wt-8)  Equation  (8) 

where  ^ 

S  =  *"■'  '*' Equatlo‘1  <9) 

Differentiating  Equation  (3)  and  assuming  small  angle  /&  gives 
the  acceleration;  I 

e=$-  Pftsin  zf  Equation  (10) 


Similarly  for  Equation  (5) ; 

■7  =  $  -  <f>  flzSm  Z(f-fl)  Equation  (11) 

ft 

Subtracting  Equations  (10)  and  (11)  and  noting  that  ^  &  QC£  XI 
gives  the  differential  acceleration;  4  ~  “  -  - 

*Y*  =•  ^-^)J 

Re-arranging  terms, 

f  -0  =  5?  [(|5f-  pl««s  fy*)  Sin  Zj>  +  ft  SID  CoS  2f\ 

which  may  be  written  as: 

Y-e  =  c os(2j-S) 

Y-8*  §Ms£  l  COSZuf’^^t.S^Zu  S) 

i  «  i  i  *  -  \  f  '  ' 


where 


(5l5  3  2  0- 


Proa  Equation  (1) : 


Substituting, 
a nd  noting  that 


fan  0  -  ‘kf-nj*  —  fan  & 


•fan  6  -  jan£  » 

gives  ' 

>2. 

L 

A 


@  S&  ^ 


Equation  (13) 


In  like  manner,  Equation  (2)  becomes: 

■**2 


Equation  (14) 


Subtracting  Equations  (13)  and  (14)  and  simplifying  after  the 
fashion  of  Equation  (7) : 


f>£ ccs.(6j£~$) 


Equation  (15) 


During  the  ’'effective  misalignment" 

(Sa  *  -j(ft-pie»sWt-+ptaiM!/A. 


Equation  (16) 


the  equations  for  displacement,  velocity  and  acceleration  may  be 
written  as: 


b  ~  r  «  (kginfot-b ) 

©  ~  Y  ~  -c*/4  f^  co$(&>£~''S) 


Equation  (15) 
Equation  (8) 
Equation  (12) 


ttisova  three  equations  describe  the  important  relationships  in  a 
Ifew^e*®  Coupling,  with  joints  under  smll~angl@  misalignment,  in  a 
iijm&Tig<@d  m&xm&r  suitable  for  dynamics  analysis. 


!*•  >5*  ***•'*. 


/**  muMMKovm  *csmi9rm&*a 


TORSIONAL  DYNAMIC  PROBLEMS  WITH  HOOKE’S  COUPLINGS 


As  shown  in  Equations  (15)  and  (12)  a  Hooke's  Coupling  Introduces 
a  two-per-rev  torsional  acceleration  proportional  to  the  square  of 
the  effective  misalignment  and  to  the  square  of  the  R.P.H*  Experience 
has  shown  that  the  two-per-rev  accelerations  of  a  Hooke's  Coupling 
can  produce  disastrous;  results,  especially  when  one  of  the  torsional 
natural  frequencies  of  the  drive  system  ij  near  two-par-rev  of  shaft 
speed. 

Consider  the  series  system  shown  in  Figure  3A. 


From  Equation  (15) : 

From  Equations  (13) *and  yL4) , 

&B  ~  Os  -  Sin  cot 

6C  s  Ml  sin(^“2^) 

The  Kinetic  Energy  is:  ^ 


Equation  (17) 


The  Potential  Energy  is: 

V  «  4  Kafei-Ga)*  •+,4Kz3(®2.“*^3!f Oc)2,  (&U  ~  BsiF 

+  4  Ksb(6s-9($" +*  *  *  K^n  £©n-i  6*if" 

Substituting  Equation  (17)  into  the  Potential  Energy  equation  and 
solving  Lagrange's  equations, 


X,9i  K»r.(6i-6i)  «■  Kiz  &>£~S) 


Equation  (18) 


Xa&V  +•  (&t~& a)  "  COS  <£»£-§)  Equation  (10) 

la  e3  +  Ko-3  |&«in^-^^uation  (s0) 

l„e„  +  (si) 

X*  4*  —  0^1  50 


Note  that  the  right-hand  aides  of  Equations  (20)  and  (21)  can  be  ex¬ 
pressed  in  terms  of  Equation  (16), 

£.3%  *  +  (83  -0m)  -  Kjv  co$  fat-  $&) 

Ilf  Of  +  ^3*  (fif-  (&)  +Kfs(0M -0r)z=~  j<^  ft&fcosfat  - 
provided  that  the  elastic  deflection  of  the  shaft  is  a  small  angle. 


The  dynamic  response  of  a  system  to  Hookers  Joint  excitations  may 
be  illustrated  using,  for  the  sake  of  simplicity,  a  system  consisting 
of  the  three  inertias  shown  in  Figure  3B. 


Ki'-  -Kit.  O  .{ 

-jO?-  K(<!  —  Kt3 

where  a  solution  of  0  =  $CoS(a>£“  §)  is  assumed. 


- 

©, 

d* 

ah 

Bi 

-  Ki-l  fe« 

4 

.J 

0 

Equation  (22) 


The  natural  frequencies  are  given  by  the  positive  roots  of: 

0  =  WX-  »1[KaIa(l1l-It')+K.»T1Ot+l,)]  +  K„Ka  (VIl+Ij) 

and  the  maximum  vibratory  torque  in  shaft  23  by: 

(2* 

Km(<h-9 >,)  * VJ.„  w — n - 7 -  tou«uon  cm 


For  the  misalignments  and  dynamic  parameters  ordinarily  encountered  in 
V/8TGL  aircraft,  the  dynamic  loads  predicted  by  Equation  (23)  will  be 
acceptably  low  if  the  operating  speed  is  sufficiently  removed  from 
two-per-rev  resonance.  In  certain  rare  Instances,  however,  the  minimum 
dynamic  torque  (which  Is  never  zero  for  cv  $  0)  is  excessive. 

slsr.s  dictai «i,  ox  course,  that  the  drive  system  should  be 
designed  such  that  none  of  the  torsional  natural  frequencies  occur  at 
two-per-rev,  but  only  through  a  detailed  analysis  can  the  dynaniclst 
prescribe  the  extent  of  proximity  to  resonance  which  might  be  dang3rous 
Avoiding  propinquity  to  two -per-rev  resonance  is  becoming  more  dif ' -~ 
cult,  because  of  the  increased  number  of  degrees  of  freedom  and  the 


proliferation  of  Hooke's  Couplings  sometimes  found  in  multi-engine, 
multi-rotor  V/STOL  aircraft.  When  dealing  with  existing  hardware, 
it  is  not  always  feasible  to  modify  the  dynamic  response  to  the  ex¬ 
tent  necessary.  In  such  cases,  the  dynamic  loads  may  be  reduced,  or 
even  eliminated,  through  modification  of  the  effective  misalignment. 

The  ideal  condition,  as  shown  by  Equation  (16),  is  to  have  fi,  s 

for  misalignments  other  than  zero,  this  is  the  only  arrangement 
which  results  in  zero  effective  misalignment.  Engines  and  transmissions 
are  seldom  mounted  in  such  a  way  that  p,  and  (Si  can  be  varied  inde¬ 
pendently  of  qL.  ,  but  the  index  angle  is  usually  easily  adjusted 
independently  of  other  variables.  The  procedure,  therefore,  is  to 
first  manipulate  the  mounts  of  the  input  and  output  devices  to  make 

fit  and  $*as  nerrly  equal  as  possible  then  to  index  the  yokes 
through  the  angle  ^  .  To  make  thim  type  of  adjustment  practical,  if 

it  ever  should  be  required,  all  drive  systems  involving  Hooke's 
Couplings  should  be  designed  to  have  the  nominal  absolute  values  of 
fi,  and  fit  as  nearly  equal  as  possible.  Note  carefully  that  wi';!a 

it  is  better  to  have  large  misalignments  equally  on  each  joint  than  to 
have  moderate  misalignment  on  one  Joint  ana  zero  misalignment*- on  the 
other.  For  example,  with  a  given  fit  ,  the  dynamic  torsional  loads 
with  fij.m  ,8 6  fi,  and  fA.  -  0  are  one-fourth  the  dynamic  loads  with 

fix.  -  0. 

When the  least  desirable  value,  the  effective  misalignment 
can  be  zero  only  if  the  misalignment  on  each  joint  is  zero.  With 
/ X  =  T^/4,  the  loads  resulting  from  zero  misalignment  on  one  joint  are 

29  per  cent  lower  than  the  loads  resulting  from  the  same  misalignment 
on  each  joint.  If  fA,  *1^/4,  there  is  relatively  little  to  be  gained 

by  manipulating  misalignments,  unless  the  misalignments  on  both  joints 
can  be  substantially  reduced.  The  value  of  providing  indexing" capa¬ 
bility  in  the  design  of  the  coupling  is  evident.  Fortunately,  Hooke's 
Couplings  commonly  have  a  splined  connection  between  the  joints  to 
allow  for  axial  deflections.  These  splined  connections  allow  step 
adjustment  of  fA  to  approach  the  desired  phasing.  The  angle  increment 
per  tooth  offset  is  a  function  of  the  spline  diametral  pitch. 


Considering  that  a  joint  cannot  store  power 

$e#  *  Qf  £ 

From  Equation  (3) , 

Q,  =  0*0- 

for  snail  angle  &  .  The  vibratory  torque  fron  one  joint  is,  there¬ 
fore, 


Qf-  Qg  ~  QA1  ^  Iquation  (24) 

at 

Because  it  is  proportional  to  p  ,  the  torque  difference  across  a 
joint  is  usually  negligible.  ' 


SECONDARY  COUP LIS 


When  two  intersecting  torque- carrying  shafts  are  Misaligned,  a  trans¬ 
verse  bending  nonent  aust  exist  on  either  or  both  shafts  to  effect 
equillbriun.  The  transverse  bending  nonent  vector  which  is  trans¬ 
acted  by  a  Hooke's  Joint  to  a  shaft  aust  be 'perpendicular  to  the  plane 
of  the  yoke.  In  Figure  2,  for  example,  there  is  a  nonent  vector  per¬ 
pendicular  to  the  left  ( 6  )  yoke 


*0#  *  61/3  cos  & 


and  a  nonent  vector  on  the  right  yoke 


r. 


Q/3 


Equation  (25) 


Rote  that  these  are  one-per-rev  rotating  bending  moments  on  the 
shafting.  A  simplified  calculation  shows  that  these  secondary  aoaents 
are  not  always  negligible.  In  round  shafts,  the  steady  shear  stress 
fron  torque 

c  „  fix 

21 


and  the  vibratory  one-per-rev  bending  stress 

<T  51 

With  3  degrees  misalignment ,  this  gives  a  vibratory  bending  stress  of 
approximately  10  per  cent  of  the  steady  shear  stress.  Such  contribetio 
to  the  fatigue  of  shafting,  cosbiaiu  with  vibratory  torsion  discussed 
elsewhere  in  this  paper,  should  not  be  Ignored. 


Ia  the  fixed  system,  these  secondary  couples  become  two-per-rev 
moments , 

CSF  a  Qp  CCSZQ  * 

The  shaft  bearings,  therefore,  react  a  steady  moment  and  a  two-per-rev 
moment . 


ILLUSTRATIVE  CASES 

The  schematic  of  a  turbine-powered  V/STOL  drive  system  employing 
fourteen  Hooke's  Joints  is  shown  in  Figure  4.  Each  joint  on  the  6000 
R.P.M.  engine  drive  shaft  (Shaft  1)  was  designed  to  have  a  misalign¬ 
ment  of  2.5°  with  the  shaft  centerlines  almost  coplaner  (  cx  £=  0). 

In  the  course  of  research  testing  of  a  full-scale  test  rig,  various 
structural  changes  were  incorporated  which  resulted  in  misalignments 
of  1.67°  and  2.54°  in  the  joints  on  shaft  1,  giving  an  effective 
misalignment  of  1.86°.  Bench  tests  of  the  sprag-type  overrunning 
clutch  revealed  that  the  sprags  engaged  in  a  manner  that  caused  ellipti¬ 
cal  deflections  of  the  clutch  outer  race  proportional  to  the  applied 
shaft  torque.  This  condition  caused  the  clutch  to  act  as  a  torsional 
spring  of  much  lower  rate  than  a  structural  analysis  of  the  clutch, 
based  on  radial  loading,  would  indicate. 

An  eleven  degree-of- freedom  torsional  analysis  was  performed  which 
gave  a  natural  frequency  of  11755  C.P.H.  in  the  fifth  mode.  This  is 
almost  exactly  two-per-rev.  It  is  evident  that,  with  a  little  simpli¬ 
fication  of  the  analysis,  this  frequency  might  not  have  been  detected. 

TO  corroborate  analysis,  and  to  determine  the  effect  of  the  torsional 
damping  inherent  in  the  system,  a  rig  run-up  test  was  performed  with 
strain  gages  on  the  drive  shaft.  Results  showed  a  torsional  natural 
frequency  at  11400  C.P.M.  and  vibratory  torque  (two-per-rev)  of  +1200 
inch-pounds  (20  per  cent  of  normal  steady  torque)  in  the  engine 
drive  shaft.  Calculation  of  the  shape  of  the  fifth  mode  indicated 
that  the  vibratory  torsion  in  shaft  2,  from  the  Hooke's  Coupling  exci¬ 
tation  in  shaft  1,  would  be  37  per  cent,  of  normal  torque.  In  an  attempt 
to  obtain  further  data,  the  excessively  high  two-per-rev  torque  re¬ 
sulted  in  failure  of  the  sprag  unit. 

Deflection  of  the  drive  system  supporting  structure  under  load  pre¬ 
cluded  assurance  that  the  Hooke's  Joint  misalignments  on  shaft  1 
could  be  kept  equal.  To  reduce  the  resonant  amplification,  the 
torsional  natural  frequencies  were  shifted  by  changing  the  drive 
shaft  from  aluminum  to  steel  which  resulted  in  a  three-to-one  reduction 
in  torsional  vibratory  loads. 


(/+  C OS  23)  Equation  (26) 


The  fact  that  the  high  vibratory  loadings  experienced  in  this  case 
resulted  from  an  effective  misalignment  of  only  1.86°  illustrates 
the  potential  seriousness  of  Hooke’s  Joint  dynamic  phenomenon. 

In  sharp  contrast  is  the  case  of  a  certain  two-place  piston-powered 
helicopter  which  had  a  Hooke’s  Coupling  between  its  six  cylinder 
engine  and  transmission.  Because  the  dynamic  system  was  quite  simple, 
there  was  no  difficulty  in  avoiding  dynamic  amplification  of  Hooke's 
Joint  excitations.  The  joints  were  deliberately  misaligned  to  eight 
degrees,  in  all  ships  of  this  model,  to  avoid  false  brinnelling  by 
the  needle  bearings.  This  arrangement  has  been  successfully  employed 
with  no  distress  throughout  the  life  of  the  design. 


DESIGN  CONSIDERATIONS 


The  discussion  on  control  of  vibrator ies  does  not  complete  the  essen¬ 
tial  information  required  for  successful  application  of  Hooke's 
Joints,  The  proportions  of  the  parts  affect  the  dynamic  behavior  and 
must  be  established  prior  to  the  dynamic  calculations.  As  noted  else¬ 
where  the  life  of  these  couplings  is  determined  by  the  amount  of 
acceptable  wear.  The  wear,  in  turn,  is  determined  by  the  loads  and 
the  proportions  of  the  parts  which  carry  these  loads.  An  understanding 
of  the  wear  mechanism  is  necessary  to  proportion  the  parts  for  an 
acceptable  life.  Therefore,  it  is  felt  that  a  short  treatment  on  load 
distribution  and  wear  behavior  is  in  order. 

The  capacity  of  a  universal  joint  may  be  divided  into  two  parts,  the 
torque-carrying  capacity  of  the  parts  other  than  the  bearings  and 
the  life  capacity  of  the  bearing. 

An  actual  example  of  a  successful  design  for  an  aircraft  application 
may  illustrate  this  process.  A  study  was  made  of  the  misalignment 
angles  that  could  be  obtained  under  steady  operating  conditions. 

The  configurations  resulted  from  the  tolerance  build-up  between  trans¬ 
mission  and  engine  locating  points  plus  engine  expansion  over  the 
temperature  range  specified.  The  greatest  angle  obtained  was  a  2.4° 
of  which  2°  was  maximum  allowable  installation  error  on  each  of  two 
joints  plus  0.4°  for  operational  misalignment,  (The  actual  installa¬ 
tion  error  is  1.4°  maximum,  rather  than  the  2°  anticipated.) 

A  study  was  made  of  maneuver  misalignments.  The  greatest  anticipated 
deflection  produced  a  total  misalignment  of  4°  on  the  individual 
joint.  (A  misalignment  of  this  magnitude  has  never  been  measured.) 


The  torque-carrying  capacity  of  the  parts  other  than  the  bearings 
were  then  proportioned.  The  load  schedule  was: 

(1)  Load  from  maximum  operating  torque. 

(2)  Limit  load  -  200  per  cent  (1) . 

(3)  Ultimate  load  -1.5  (2)  -  3  (1)  -  300  per  cent 
maximum  operating  load. 


The  parts  were  stress  analysed  under  two  conditions: 

A.  10°  misalignment,  no  vibratories. 

B,  2°  misalignment,  20  per  cent  vibratory  torque 
assumed. 

Case  A  is  a  static  load  condition  involving  the  usual  analyses  for 
combined  stresses.  Case  B  is  a  fatigue  condition  for  which  stress 
concentration  factors  must  be  applied  to  the  combined  stresses. 

The  resultant  steady  plus  alternating  strosses  were  evaluated  by 
conventional  methods.  This  treatment  proportioned  the  yokes,  spider 
(cross),  interconnecting  shaft,  attachment  fittings,  and  attaching 
hardware . 

The  proportions  of  the  parts  designed  by  this  process  were  also  de¬ 
termined  by  the  desired  loads  on  the  bearings.  The  capacity  of  the 
bearings  is  a  dynamic  bearing  life  problem.  The  bearings  in  a 
Hooke's  Joint  used  for  singif leant  power  transmission  are  rolling 
contact  bearings.  This  means  eventual  failure  by  rolling  contact 
fatigue.  Finite  life  is  dictated  by  the  cyclic  compressive  loading 
found  in  rolling  contact  bearings. 

To  digress  momentarily,  attempts  have  been  made  to  use  sleeve  bearings, 
but  success  has  been  elusive.  The  design  conditions  include  os¬ 
cillating  motion,  a  centrifugal  field  affecting  lubrication  migration 
and  a  mean  load  +  an  alternating  load  less  than  the  mean  load.  This 
is  beyond  the  present  capacity  of  sliding  bearing  technology.  A 
way  may  be  found  to  use  sleeve  bearing  universal  joints  for  significant 
power  transmission.  That  time  is  not  yet  here. 

The  rolling  contact  fatigue  condition  requires  the  usual  beaiing  life 
calculation  to  give  a  B-10  life  for  some  time  limit.  The  conventional 
bearing  life  calculation  is  not  of  particular  interest  unless  other 
forms  of  distress  can  be  avoided. 

There  are  four  sources  of  distress  to  be  considered:  skewing,  skidding, 
true  brinelling  and  false  brlnelling. 


Skewing  control  requirements  are  affected  by  the  length/diameter 
ratio  of  the  rolling  cylindrical  elements.  This  discussion  will  be 
confined  to  needle  bearings,  because  of  their  widespread  use  in  this 
application.  One  solution  is  to  use  a  caged  needle  bearing,  although 
the  contact  stresses  are  higher  and  the  static  Brinell  capacity  is 
lower.  In  the  example  cited,  a  cage  was  not  used.  The  crowned  rollers 
had  a  length/full  diameter  ratio  of  app2’oximately  3.5,  Skewing  was 
not  a  problem.  Among  the  contributing  factors  were  a  hardened  flat 
thrust  washer  to  react  the  centrifugal  load,  close  tolerances,  hard¬ 
ness  level  and  material  selection  of  inner  and  outer  races,  and  the 
nature  of  the  load  distribution  along  the  roller  length,  The  last 
factor  is  of  considerable  significance  and  will  appear  later. 

Skidding  appears  to  be  a  phenomenon  difficult  to  induce,  requiring 
some  combination  of  high  speeds,  large  angles,  lubrication  starvation, 
loose  tolerances  and  a  definite  sequence  of  load  variation.  For  a 
skid  to  start  with  the  roller  at  rest,  starting  frietionto  slide  must 
be  less  than  starting  friction  to  roll.  For  a  rolling  roller  to 
skid,  starting  friction  to  slide  must  be  less  than  rolling  friction. 

For  a  skidding  roller  to  continue  skidding,  sliding  friction  must 
be  less  than  starting  friction  to  roll.  In  general,  starting  friction 
to  slide  >  sliding  friction  ;>  starting  friction  to  roll  "> 
rolling  friction.  In  addition,  a  skidding  roller  will  pile  up  a 
lubricant  wedge  simultaneously  with  a  metal  pickup  under  the  loaded 
area.  This  metal  pickup  (local  welding  and  tearing)  resists  further 
sliding  by  increasing  the  co-efficient  of  friction  until  starting 
friction  to  roll  is  the  path  of  least  resistance.  The  resultant 
roll  then  introduces  lubricant  to  the  contacting  area.  In  other  words, 
a  skid-relieving  mechanism  is  involved.  In  the  example  cited, 
skidding  has  never  been  Induced  and  the  effects  of  skidding  have  never 
been  observed. 

True  Brinelling  is  the  third  form  of  distress.  Similar  to  the  pre¬ 
ceding  two  forms,  it  is  relatively  uncommon  and  avoidance  is  not 
difficult.  With  true  Brinelling,  an  indentation  will  be  observed, 
characteristcally  on  the  inner  race,  with  displaced  material  in  a 
raised  ridge  on  either  side  of  the  indentation.  Obviously,  two  condi¬ 
tions  must  exist.  The  first  is  an  overload  and  the  second  is  perfect 
alignment.  Given  sufficient  static  capacity,  the  overload  ia  the 
result  of  a  vibratory «  Very  little  misalignment  is  required  to  in¬ 
crease  the  area  and  distribute  the  overload.  There  is  one  source  of 
overload  which  is  noc  obvious.  A  crowned  roller  whose  centrifugal 
load  is  not  reacted  by  a  thrust  washer  can  move  radially  outward  and 
become  cocked  in  a  radial  plane  when  the  load  distribution  applies  the 
highest  load  at  the  outboard  end  of  the  roller.  The  roller  crown, 
which  was  intended  to  aid  in  avoiding  skidding,  introduces  a  wedging 
effect  as  well  as  reducing  the  area  carrying  the  load.  If  the  mis¬ 
alignment  is  small  enough,  true  Brinelling  can  occur,  A  zone  of  true 
Brinelling  versus  misalignment  is  shown  on  Figure  5. 


The  last  area  of  distress  is  false  Brinelling.  Here  an  indentation 
will  be  found,  similar  to  true  Brinelling,  but  without  the  raised 
ridge  of  displaced  metal  on  either  side.  The  original  surface  of 
the  bearing  race  will  extend  to  the  edge  of  the  indentation  with  no 
evidence  of  deformation  or  of  deformed  metal  which  has  been  flattened. 
False  Brinelling  results  from  a  concentrated  load  oscillating  over  a 
small  area.  This  is  a  situation  akin  to  fretting.  The  ratio  of 
roller  diameter  to  inner  race  diameter  tends  to  remain  fairly  constant. 
This  allows  the  establishment  of  a  range  of  misalignment  within  which 
false  Brinelling  may  occur.  Experience  determines  the  variation  in 
probability  of  false  Brinelling,  This  is  shown  on  Figure  5,  The 
misalignment  angle  producing  the  greatest  probability  of  false 
Brinelling  may  vary  with  the  lubricant.  A  fix  possible  with  simple 
systems  is  to  increase  the  misalignment  angle  to  avoid  the  zone  of 
false  Brinelling,  if  it  occurs.  On  one  aircraft  application,  false 
Brinelling  occurred,  the  universal  joints  were  deliberately  misaligned 
until  at  8°  the  false  Brinelling  was  eliminated. 

The  wear  situation  described  here  has  widespread  verification  in 
general,  although  the  details  vary  from  case  to  case.  An  example  is 
the  curve  of  life  versus  misalignment,  angle  for  universal  Joints  in 
agricultural  applications,  shown  on  Figure  6, 

The  key  to  the  wear  situation  in  the  design  phase  is  in  the  determina¬ 
tion  of  the  Hertz  stress.  It  is  here  that  experience  varies  most 
widely  from  theory. 

The  classic  method  of  determining  the  load  distribution  within  a  radial 
bearing  may  be  found  in  Reference  1,  Page  60.  This  theory,  verified 
by  test  under  ordinary  conditions,  is  that  the  maximum  load  carried 
by  a  single  rolling  element  may  be  determined  by  the  Strlkeck  equation: 


^ax  ^  5  Z"  Equation  (27) 


where  F  max  -  the  maximum  load  on  a  rolling  element, 

F^,  -  Radial  force 

Z  -  Number  of  rolling  elements 

5  -  A  constant,  practical  for  ordinary 

conditions  of  operation 

This  load  is  then  used  for  a  Hertz  stress  calculation  according  to 
the  method  of  Reference  2,  Page  288. 

The  equation  is: 


fc=.55/yP£ 


Equation  (28) 


where 


P  -  Fmax/length  of  roller  -  load 

E  -  Modulus  of  elasticity 

“  Diameter  of  roller 

D^  -  Diameter  of  inner  race 

Wear  indications  observed  on  a  great  many  samples  over  a  long  period 
of  time  define  a  load  distribution  as  shown  on  Figure  7.  An  envelope 
is  shown  which  encloses  all  of  many  superimposed,  observed  wear 
indications.  The  wear  indications  on  any  one  sample  will  not  repro¬ 
duce  this  pattern,  but  will  lie  inside  this  envelope.  It  will  be 
observed  that  this  envelope  has  an  area  of  approximately  one-half 
the  projected  area.  The  wear  indications  on  any  individual  sample 
are  a  function  of  the  variation  in  dimensions  of  the  component  parts 
of  that  sample.  With  normal  tolerances,  the  area  on  an  individual 
sample  will  be  approximately  one-third  the  projected  area. 

The  empirical  conclusion  reached  is  that  for  a  Hooke's  joint  with 
needle  bearings,  the  determination  of  the  Hertz  stress  could  use  a 
modified  Stribeck  equation: 


C  t=  IK  jSl 

'rrizx  ID  2 


Equation  (29) 


CONCLUSIONS 


A  drive  train  with  Hooke's  Couplings  can  be  built  of  common  materials 
by  known  methods  and  the  performance  is  predictable.  The  predictable 
performance  includes  misalignment  capability,  angular  accelerations, 
torque  and  speed  capacity,  efficiency,  temperature  limitation,  ro¬ 
tating  secondary  couples  and  torsional  vibrator ies  of  known  frequency 
and  amplitude. 

The  conditions  which  could  lead  to  catastrophic  failure  are  known, 
recognized,  and  avoidable. 

In  general,  the  life  of  a  Hooke’s  Joint  is  a  matter  of  establishing 
the  limit  of  acceptable  wear.  This  limit  is  under  the  influence  of 
the  low  cost  of  replacement.  Therefore,  the  cost  of  reliability  is 
chiefly  diligent  maintenance. 
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I. 


INTRODUCTION 


\ 

Dynamic  loads,  which  are  the  subject  of  this  Symposium,  have  many 
aspects  and  it  is  necessary  to  narrow  the  field  in  any  Paper  p/^sented.  I 
shall  essentially  exclude  maneuvering  flight  cases  and  deal  only  with  dynamic 
’oads  associated  with  the  rotor  of  a  helicopter.  As  the  Symposium  culminates 
in  a  review  of  outstanding  problems  to  be  investigated,  you  will  probably  also 
wish  me  to  describe  the  relevant  programme  in  the  United  Kingdom  but  again 
I  must  restrict  the  survey.  I  shall  only  outline  work  done  at  R.A.  E.  and  more 
specifically  that  carried  out  either  by  my  own  Group  or  done  elsewhere  at  n..v 
request,  but  this  does  represent  most  of  the  R.A.  E.  activity  on  this  subject, 
while  excluding  some  gust  investigations.  However,  a  simple  review  paper 
tends  to  be  unsatisfactory  so  I  shall  not  give  equal  emphasis  to  the  various 
topics  mentioned  and  propose  to  discuss  high  blade  incidence  problems  in 
greater  detail. 

H.  ROTOR-FUSELAGE  INTERFERENCE 

Interference  between  an  articulated  rotor  and  a  fuselage  has  be  <n 
assessed.  Theoretical  and  experimental  work  has  been  carried  out  by  Bramwell 
and  Johnston  on  the  mutual  transient  interference  between  rotor  blades  in 
hovering  conditions  and  a  cylinder,  representing  a  fuselage.  Bramwell  made 
the  interference  mathematics  tractable  by  supposing  that  the  flow  about  the 
aerofoil  of  the  blade  could  be  represented  by  that  around  a  simple  two-dimen¬ 
sional  vortex.  The  problem  was  then  reduced  to  the  calculation  of  pressures 
and  forces  on  a  circular  cylinder,  in  the  first  instance,  in  the  presence  of  this 
vortex.  Further,  by  transformations,  the  pressures  and  forces  on  a  square 
sectioned  fuselage  and  a  flat  plate  representing  a  wing  could  also  be  found. 

The  agreement  with  experiment  was  good  as  shown  for  the  case  of  pressures 
on  the  cylinder  in  Slide  1.  The  full  curve  shows  the  calculated  effect  of  a  two- 
dimensional  vortex  and  the  dotted  line  adds  a  correction  for  blade  tip  effects. 
This  pressure  increment  on  the  fuselage  was  found  to  be  due  mainly  to  the 
acceleration  terms  in  the  flow  equation  but  the  corresponding  forces  on  the 
blade  proved  to  be  small  compared  with  the  steady  aerodynamic  forces. 
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However,  the  effects  of  distortions  of  the  slipstream  by  the  fuselage,  i.  e.  the 
velocity  terms,  were  found  to  be  significant;  typically  20%  of  the  undisturbed 
pressures  for  a  circular  cross  section  and  30%  with  a  square  section.  It  is 
worth  noting  that  although  the  values  of  the  distance  parameters  were  chosen 
to  give  reasonable  pressures  for  experimental  measurement,  the  more 
significant  one  for  blade  pressures  is  that  expressed  in  terms  of  fuselage 
dimensions.  Hence  the  20%  increment  occurs  when  the  blade  is  a  fuselage 
radius  distant,  irrespective  within  reasonable  limits  of  the  ratio  of  blade  chord 
to  fuselage  size.  Willmer  considered  the  effects  on  the  rotor  of  flow  curvature 
in  forward  flight  due  to  the  presence  of  solids  of  revolution  representative  of 
actual  fuselages  and  found  these  to  be  relatively  small. 

m.  CALCULATION  OF  BLADE  LOADINGS 

Some  of  you  will  be  familiar  with  earlier  quasi-static  theoretical  work 
by  Willmer  *  on  the  effects  on  blade  loading  of  shed  vorticity.  This  was  not 
very  well  received  by  Industry  on  the  grounds  that  it  was  leading  to  a  digital 
computer  programme  of  great  magnitude  and  complexity,  which  was  still 
unlikely  to  give  adequate  solutions,  especially  for  maneuvering  flight  cases 
needed  for  design  purposes.  Hence  only  a  limited  amount  of  additional  theo¬ 
retical  work  has  been  done  on  the  consequences  of  time  variations  in  the 
vortex  sheets  of  the  near  wake.  These  were  found  to  be  small  for  the  range 
of  blade  incidence  appropriate  to  the  theory,  which  is  based  on  the  ideas  of 
Jones  in  R.  &  M.  2J17  "Aerodynamic  Forces  on  Wings  in  Non-uniform 
Motion". 

IV.  PROBLEMS  OF  HIGH  BLADE  INCIDENCE 

In  view  of  the  criticisms  previously  referred  to,  semi- empirical 
methods  of  determining  blade  loadings  have  also  been  sought  in  a  combined 
programme  of  experimental  work  and  digital  computer  analysis.  The 
computer  programme  was  initially  quite  conventional,  employing  two-dimen¬ 
sional,  steady  but  non-linear  aerodynamic  section  data;  spanwise  flow  effects 
on  drag  were  included  but  only  constant  induced  velocity  was  assumed.  The 
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blades  were  also  assumed  to  be  infinitely  stiff  and  the  blades  of  the  model 
were  actually  made  as  stiff  as  possible;  it  was  established  by  photography 
that  the  torsional  deflection  at  the  tip  never  exceeded  1°.  The  original  intention 
was  to  correlate  total  forces  and  moments  and  then  go  on  to  more  detailed 
loading  exploration,  for  which  purpose  a  similar  rotor  with  pressure  plotting 
facilities  was  prepared.  However,  although  the  initis’  correlation  was 
generally  good,  it  became  poor  when  the  blade  incidence  was  calculated  to 
exceed  11*.  The  stalling  then  predicted  was  not  apparent  and  hence  the  aero¬ 
dynamic  assumptions  adopted  were  faulty.  This  is  of  particular  interest  in  the 
dynamic  loads  context  because  many  of  our  vibration  problems  occur  in  condi¬ 
tions  associated  with  high  blade  incidence.  Furthermore,  as  helicopter  speeds 
are  increased,  and  this  is  the  object  of  much  work  at  present,  the  tendency 
for  such  incidences  increases  and  it  is  very  desirable  to  anticipate  and 
understand  potential  problem  areas.  The  magnitude  of  the  discrepancy  is 
shown  for  a  typical  case  in  Slide  2  and  no  significant  change  in  this  finding 
could  be  observed  throughout  the  range  of  tip  speed  ratios  covered,  up  to 

JU.  =0.5.  Similar  results  have  been  reported  by  Sweet  and  Jenkins  of 
2 

N.A.  S.A.  Later  work  sought  to  establish  the  relevant  aerodynamics  by 

concentrating  on  conditions  at  jLL  =0.3  to  minimise  the  combined  effects  of 
flow  assymetry  and  shed  verticity,  but  rotor  parameters  giving  very  extreme 
operating  conditions  have  been  included  to  accentuate  the  interesting  conditions. 
Some  of  the  various  steps  taken  to  improve  the  computations  are  shown  on  the 
slide  but  we  will  return  to  this  after  they  have  been  described.  It  will  be  noted 
that  a  theory  employing  linear  aerodynamics  without  allowance  for  any  stalling 
actually  gives  excellent  agreement  with  the  experimentally  determined  thrust 
but  the  blade  flapping  computed  by  this  method  did  not  agree,  indicating  that 
the  distribution  of  loading  was  not  correct. 

Assessment  of  Causes 

For  reference,  the  contours  computed  by  the  basic  non-linear  aero¬ 
dynamic  theory  are  illustrated  in  Slide  3  and  have  the  characteristic  of  a 
plateau  of  relatively  high  values  centered  around  270*  azimuth.  Now  let  us 
loofc  at  experimental  values,  and  a*  the  pressure  plotting  rotor  was  not  ready 
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at  the  time,  previously  published  results  are  used.  First,  Slide  4  shows 
findinge  on  blade  loading  obtained  by  MIT^  on  a  small  rotor  and  recast  into 
contours  at  R  A,  E.  by  using  the  component  of  resultant  velocity  normal 
to  the  blade  span.  The  distribution  is  quite  different,  with  a  ridge  of  high 
values  at  230-240*  azimuth,  followed  by  a  less  clearly  defined  tendency  for 
relatively  low  values  at  300*  azimuth.  Note  that  the  values  of  reach  1. 3 
in  regions  where  the  air  velocity  is  sufficiently  high  for  the  deduced  C^'s  to 
be  reasonably  accurate,  although  the  normally  quoted  section  max,  at  this 
Reynolds  Number,  is  only  0.75.  Next,  Slide  5  illustrates  full  scale  evidence 
from  N.  A.S.A.  flight  tests  on  a  S58  helicopter.  Similar  trends  are  shown  with 
=  1.6  compared  with  a  max  =1.1  obtained  on  a  portion  of  a  S58  blade 
in  a  wind  tunnel  at  full  scale  speeds.  With  this  evidence,  we  have  to  look  for 
aerodynamic  phenomena  which  not  only  change  the  distribution  of  loading  in 
azimuth  but  give  section  lift  in  excess  of  normal  two-dimensional,  steady 
values. 

Non-Steady  Aerodynamics 

Knowledge  of  the  blade  motions  occurring,  together  with  the  loading 
distribution,  suggested  the  possibility  of  a  hysteresis  loop  in  the  section  lift 

4 

characteristics.  MIT  time  averaged  data  on  aerofoils  oscillating  in  pitch 
and  in  heave  did  show  maximum  lift  values  in  excess  of  the  cor*  ^sponding 
steady  conditions  for  some  sections  tested.  However,  there  i  gularly 
little  information  giving  more  details  on  non- steady  aerodyna  -a  at  high 

mean  incidence.  Indeed,  only  that  determined  by  the  United  Aircraft  Labo- 

5 

ratoiy  on  an  aerofoil  oscillating  in  pitch  could  be  found  but  this  did  give  the 
complete  form,  of  lift  hysteresis.  Typical  results  are  given  in  Slide  6, 
showing  lift  compatible  with  the  values  noted  on  the  rotor.  Also  shown  is 
the  loop  given  by  an  approximating  function  found  by  R.  A.E.  to  give  a 
reasonable  fit  to  almost  all  the  experimental  results  and  then  used  in  the 
computer  programme.  Note,  however,  that  in  spite  of  the  high  transient 
values  of  C^,  the  steady  state  data  in  this  case  lie  in  the  centre  of  the 
hysteresis  loop.  Thus  use  of  this  results  in  a  distribution  of  which  begins 
to  resemble  the  experimental  cases  but  which  gives  only  a  small  increment 
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in  thrust.  Speculation  remains  on  the  important  difference  between  MIT  and 
United  Aircraft  findings  because  one  of  the  arbitrary  sections  used  by  the 
former  is  generally  similar  to  the  NACA  0012  of  the  other  tests.  Also,  of 
course,  there  are  other  types  of  non-steady  motions  of  the  blade  on  which 
there  is  no  detailed  information  at  all. 

Induced  Velocity  Distribution 

The  distribution  of  loading  must  also  be  influenced  by  the  non-uniformity 
of  induced  velocity  which  actually  exists  over  the  rotor  disk.  This  cannot  on 
its  own  lead  to  values  of  in  excess  of  the  maximum  of  the  section  data 
assumed  and  so  it  had  to  be  combined  with  something  other  than  those  normally 
obtained  in  a  wind  tunnel.  The  first  induced  velocity  distribution  considered 
was  that  derived  by  Mangier^  and  confirmed  experimentally  near  the  rotor  by 
Heyson  and  Katzoff  .  This  is  symmetrical  about  the  fore  and  aft  axis  of  the 
rotor  and  hence  could  not  be  responsible  for  the  characteristics  in  azimuth 
observed  unless  it  was  combined  with  the  oscillating  aerofoil  data.  The 
resultant  computation  certainly  showed  increased  thrust  but  it  still  fell  far 
short  of  the  measured  value.  Mangler's  theory  strictly  relates  to  an  infinite 
number  of  blades  but  MIT  had  considered  a  case  towards  the  opposite  extreme 
by  analysing  their  pressure  plotting  records  from  a  two-bladed  rotor  through 
linear  aerodynamic  theory  to  get  induced  velocity  at  the  blade.  The  previous 
discussion  ha*  suggested  certain  possible  shortcomings  in  this  method  but  any 
criticism  applies  only  to  a  limited,  although  important,  range  of  azimuth 
angles.  Considering  the  findings  as  a  whole,  there  is  again  symmetry,  this 
time  about  a  skewed  axis,  and  with  greater  transverse  gradient  of  velocities. 
The  induced  velocity  at  the  tip  of  the  retreating  blade  was  eight  times  the 
momentum  mean  value  and  for  the  purpose  of  exploring  the  possible  effects 
of  varying  induced  velocity,  this  was  particularly  valuable  as  a  severe  case 
of  such  non-uniformity.  In  order  to  get  the  high  values,  this  distribution 
was  again  combined  with  the  oscillating  aerofoil  data,  and  as  before  resulted 
in  thrust  consideraDiy  less  than  had  been  measured,  although  the  general 
pattern  of  loading  computed  looked  very  similar  to  the  experimental  ones. 


Three-Dimensional  Section  Data 


A  variety  of  three-dimensional  effects,  additional  to  normal  end 

corrections  which  had  been  included  in  the  calculations,  might  also  change 

section  characteristics.  For  example,  the  effective  sweep  angles  of  the  blade 

could  influence  the  aerodynamics  although  at jlL  -  0.3,  these  angles  are  modest 

except  at  inboard  stations  where  the  dynamic  head  is  low.  Then,  the  high 

centrifugal  forces  might  influence  the  boundary  layer.  This  is  a  probable  cause 

of  the  unexpectedly  high  thrust  obtained  with  propellers  at  high  blade  incidences 
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and  would  seem  to  be  implicit  in  the  NASA  synthesised  section  data  derived 
from  hovering  tests.  These  give  max  higher  by  about  0.  15  than  the  cor¬ 
responding  two-dimensional  case  but  not  as  high  as  seen  in  the  experimental 
rotor  lift  contours.  In  order  to  make  some  allowance  for  this,  these  synthesised 
data  were  used  in  the  computer  programme  in  combination  with  the  lift  hysteresis 
and  non-uniform  induced  velocity  at  the  blade.  This  gave  good  agreement  with 
experiment  both  on  thrust  and  flapping,  especially  when  the  tendency  for  slightly 
high  computed  thrust  at  low  blade  incidence  is  remembered. 

If  we  return  to  an  earlier  slide,  (Slide  2)  the  results  of  the  various 
processes  tried  can  be  seen.  Obviously,  the  assessment  has  not  been  a  rigorous 
one  due  to  lack  of  comprehensive  basic  information  and  to  uncertainty  about 
whether  the  various  factors  are  simply  additive.  It  does,  however,  provide  a 
reasonable  basis  for  experimental  work  to  acquire  more  data.  Various 
unresolved  questions  have  been  referred  to  already  and  in  addition,  discussions 
with  people  concerned  in  the  United  States  indicated  soma  caution  about  the 
magnitude  of  lift  augmentation  indicated  by  the  synthesised  data.  The  rotors 
used  were  large  and  of  typical  flexible  construction,  but  in  the  initial  tests 
on  the  00- series  of  sections  at  least,  aero -elastic  distortions  were  not  deter¬ 
mined.  Thus  the  field  for  further  experimenting  is  large  and  although  such 
work  is  proceeding,  the  programme  has  not  been  completed  as  yet. 


V. 


EXPERIMENTAL  EVALUATION  OF  HIGH  INCIDENCE  AEROFOIL 

SEOTCfnsm: — - - 


Three-Dimensional  Aerodynamic  Tests 

Because  suitable  equipment  was  readily  available,  the  first  tests  have 
sought  better  understanding  of  symmetrical  three-dimensional  aerodynamic 
effects.  A  12  ft.  diameter  rotor  with  very  stiff  blades  has  been  pressure 
plotted  in  hovering  conditions  through  the  stall  and  the  same  blades  put  in  a 
wind  tunnel  to  give  two-dimensional  data  at  the  same  Reynolds  Numbers. 

The  originally  planned  programme  was  somewhat  curtailed  because  stalling 
did  not  take  place  simultaneously  along  the  blade  span  and  so  some  blade 
flapping  occurred  before  the  stall  was  reached  at  some  survey  stations. 
However,  it  was  established  by  photography  that  structural  deformations 
were  negligible.  In  order  to  show  that  flow  conditions  were  comparable  for 
corresponding  tests,  transition  was  determined  in  each  case  by  sublimation 
techniques  with  which  the  reaction  takes  place  sufficiently  slowly  to  give  no 
record  of  the  transient  run  up  and  run  down  of  the  rotor.  The  next  slide, 

Slide  7,  shows  that  similar  flow  conditions  existed  in  the  two  test  series  and 
also  illustrates  the  surprising  extent  of  laminar  flow  on  the  rotor  at  8* 
collective  pitch.  This  occurred  in  spite  of  the  facts  that  the  Reynolds  Number 
reached  1  x  10^  and  the  surface  condition  of  the  blade  was  far  from  good. 
Comparison  of  the  two  and  three-dimensional  results  with  free  transition 
showed  very  little  difference  in  the  value  of  max,  obtained  although  stall 
was  delayed  by  a  few  degrees  of  incidence  in  the  hovering  tests.  The  signifi¬ 
cance  of  this  is  not  great  because  the  accuracy  of  deducing  incidence  is  also 
diminished  in  this  region.  Examination  of  the  pressure  records  suggested 
that  the  strong  rearward  turbulent  separation  was  moving  forward  more 
slowly  in  the  hovering  tests.  Some  evidence  of  bubble  formation  was  also 
noted  and  further  explored  in  the  tunnel  which  did  have  singularly  low 
turbulence  due  to  32:1  contraction  ratio.  Oil  flow  patterns  confirmed  a 
forward  bubble.  A  turbulent  boundary  layer  was  induced  by  carborundum 
grains  around  the  leading  edge  of  0.002"  and  0.010"  nominal  sizes  in  successive 
tests  and  turbulence  was  also  introduced  into  the  main  windstream  by  a  coarse 
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screen  immediately  ahead  of  the  working  section.  Each  case  gave  somewhat 
different  results  with  significant  changes  in  max.  and  stalling  incidence 
compared  with  the  free  transition  case  but  rearward  separation  was  not 
affected.  More  specifically,  the  maximum  increment  in  max.  was  approxi 
mately  0.  2  and  stalling  incidence  varied  by  approximately  3°.  For  complete¬ 
ness,  the  hovering  test  will  be  repeated  with  carborundum  grains  hut  it  is 
already  reasonably  clear  that  no  value  of  can  be  obtained  compatible  with 
those  observed  on  rotors  in  forward  flight  conditions. 

This  investigation  has  brought  out  yet  another  uncertainty  about  the  lift 
data  to  be  used  in  loading  computations.  Sections  of  10-15%  thickness -chord 
ratio,  which  are  commonly  used  on  helicopters  are  known  to  be  susceptible 
to  variation  in  flow  conditions  but  it  is  not  clear  whether  the  00-series  is 
particularly  subject  to  such  problems.  Improved  methods  of  constructing 
blades  promise  more  latitude  in  aerodynamic  design  and  perhaps  the  time 
has  come  for  reappraisal  of  suitable  sections.  At  the  same  time,  it  is 
desirable  to  place  manufacturing  tolerances  on  a  more  rational  basis.  Some 
work  has  been  done  on  the  latter  but  there  is  not  time  to  deal  with  this. 

t 

Non-Steady  Aerodynamic  Tests 

Another  experimental  programme  is  being  done  by  Moss  on  an  aerofoil 
oscillating  in  pitch,  using  a  model  of  finite  aspect  ratio  but  with  large  enc 
plates.  Forces  are  being  measured,  partly  to  complement  rather  than  dupli¬ 
cate  U.A.  L.  work  and  partly  to  enable  pitching  moments  to  be  determined. 
Only  some  preliminary  exploratory  tests  have  been  done  so  far  and  the  main 
investigation  begins  next  month  but  interesting  features  are  already  apparent. 
As  expected,  considerable  random  scatter  was  encountered  but  two  separate 
regimes  could  be  seen.  Usually  a  hysteresis  loop  occurred,  sometimes  at 
an  unexpectedly  low  lift  level,  but  occasionally  the  lift  followed  an  extension 
of  the  low  incidence  -  oC  relationship  to  give  very  high  lift.  As  a  simple 
mecn  of  a  large  number  of  records,  it  was  found  that  the  ratio  of  the  number 
of  high  lift  excursions  to  the  number  of  hysteresis  loops  increased  with  the 
frequency  cf  oscillation.  The  natural  frequency  of  the  rig  was  changed  and  the 
instrumentation  was  varied  but  this  result  was  not  altered,  indicating  an 
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aerodynamic  cause.  A  sample  from  the  results  is  shown  in  Slide  8,  on  which, 
for  clarity  of  presentation  only  a  high  lift  case  and  low  lift  loop,  without 
interconnection  are  shown.  At  the  bottom  of  the  slide  is  a  copy  of  a  typical 
trace  showing  the  lift  variations.  For  this  particular  frequency  of  oscillation, 
which  was  4.6  cycles/sec.  or  17  chords  forward  motion  per  cycle,  the  high 
lift  excursion  occurred  once  every  two  or  three  cycles.  This  might  be  another 
example  of  the  flow  problems  previously  described.  The  Reynolds  Number  of 
this  test  was  0.  9  x  10^  and  it  was  established  that  the  else  of  the  quasi-statis 
hysteresis  loop  also  shown  on  the  slide  diminished  as  the  Reynolds  Number 
was  increased  above  this  value.  Consequently,  the  wind  speed  will  be  doubled 
in  the  next  tests.  However,  a  hysteresis  loop  can  be  produced  by  lags  in 
establishing  circulation  irrespective  of  other  flow  phenomena  and  so  additional 
results  are  awaited  with  interest. 

VI.  SIGNIFICANCE  TO  HELICOPTER  DESIGN 


In  spite  of  an  incomplete  experimental  programme,  the  implication 

remains  of  need  to  embody  non- steady  data  when  considering  dynamic  load 

problems  associated  with  high  blade  incidence.  If  finally  substantiated,  it 

also  means  that  a  semi-empirical  method  of  loading  analysis  will  probably 

have  to  be  retained  at  least  for  this  particular  problem.  The  hypothesis  is 

well  founded  on  the  results  of  tewts  done  with  model  rotors  but  the  evidence 

from  more  important  full  scale  work  is  based  on  analysis  of  the  one  case  of 

detailed  information  available.  Since  this  paper  was  first  drafted,  the  inter - 

o 

esting  one  presented  by  Cornell  at  the  1963  American  Helicopter  Forum  has 
become  available.  This  attributes  all  the  excess  rotor  thrust  to  induced 
velocity  distribution  and  although  details  of  the  theory  used  are  not  known, 
it  is  evident  that  comparison  was  made  with  a  case  of  excess  thrust  without 
exceptional  local  values  of  C^.  The  introduction  and  exploration  of  augmented 
section  lift  adds  enormously  to  the  dynamic  loads  programme  and  it  is  sug¬ 
gested  that  its  significance  to  helicopter  design  should  be  assessed  by  further 
evaluation  of  full  scale  evidence.  Any  such  evidence  at  tip  speed  ratios  in 
excess  of  0.  3,  which  is  characteristic  of  most  current  production  helicopters, 
would  be  particularly  valuable. 
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VII.  CALCULATION  OF  BLADE  DEFORMATIONS 


I  will  conclude  by  brief  reference  to  a  foray  into  structural  matters.  The 
work  described  has  been  concerned  with  aerodynamic  problems  of  stiff  blades 
but  it  is  obviously  important  to  consider  the  additional  consequences  of  blade 
flexibility.  As  aerodynamicists,  we  are  keenly  aware  of  the  increasing  com¬ 
plexity  of  this  aspect  of  blade  problems  and  have  sought  a  simplified  method  of 
handling  structural  deformations.  Starting  with  the  Raleigh- Rita  principle , 
Wilde  has  used  Legendre  Polynomials  as  approximations  instead  of  the  more 
usual  trignometric  series,  because  of  the  similarity  between  blade  behaviour 
and  a  chain.  These  orthogonal  functions  converge  very  rapidly  but  boundary 
conditions  cannot  be  satisfied  in  the  usual  way.  Instead,  these  are  handled  by 
placing  constraints  on  the  conetants  associated  with  the  functions  rather  than 
by  the  functions  themselves.  The  method  has  been  found  to  work  well,  and  to 
be  economical  in  computer  facilities,  for  blades  with  uniform  mass  distribution 
but  non-uniform  stiffness,  which  is  a  reasonable  approximation  to  many  modern 
blades.  At  present  it  is  only  suitable  for  assessing  the  possibilities  of  resonant 
conditions  between  the  blade  structure  and  the  aerodynamics.  However,  work 
is  proceeding,  using  this  as  a  first  step  and  adopting  similar  techniques,  to 
determine  tho  me  .s  forced  by  the  applied  aerodynamics. 
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As  pert  of  s  program  to  extend  the  Army's  capability  for  combat  aur- 
velllaiicB  and  target  acquisition  In  the  field  a ray  area,  flight  tests 
vara  conducted  In  1960  and  1961  to  aid  In  establishing  operational  re¬ 
quirements  for  aircraft  that  night  be  required  to  operate  at  high  speed 
and  low  altitude. 

This  paper  reports  on  the  tests  and  some  of  the  results  that  were 
obtained  In  the  field  relative  to  gust  accelerations  experienced 
while  flying  at  very  lo*  altitudes  and  at  speeds  approaching  550 
knots.  In  addition,  some  of  the  problems  that  occurred  relative  to 
naaneachlne  compatibility  are  discussed. 


Keane  for  laproving  and  extending  the  Army's  capability  for  coabat 
surveillance  and  tamt  acquisition  throughout  the  field  aray  area  are 
currently  under  serious  study.  In  1959,  the  Army  Aircraft  Development 
Plan  1960-1970,  prepared  by  the  Chief  of  Kesearch  and  Development,  in¬ 
dicated  the  desirability  of  developing  a  new  surveillance  aircraft  for 
battlefield  surveillance  missions.  To  aid  the  Army  in  its  thinking, 
meny  industrial  organisations  investigated  possible  aircraft  configura¬ 
tions  and  submitted  many  design  concepts  as  solutions  to  the  stated  re¬ 
quirements.  In  1960,  an  Army  Aircraft  Review  Board  (Rogers'  Board)  was 
established  to  review  industry's  design  concepts  and  to  explore  possible 
courses  for  future  action.  The  evaluation  of  industry's  design  concepts 
pointed  to  the  desirability  of  conducting  surveillance  missions  in  the 
low-altitude,  high-speed  flight  regime.  The  Rogers  Board  called  partic¬ 
ular  attention  to  the  effects  of  gust  loadings  on  the  aircraft  and  crew 
and  recommended  that  studies  and  tests  be  conducted  to  aid  in  establish¬ 
ing  operational  requirements  for  aircraft  that  might  be  required  to 
operate  at  high  speed  and  low  altitude. 

Subsequently,  the  Army  Aviation  Board  was  assigned  the  task  of  con¬ 
ducting  such  studies  and  tests  (Reference  1) .  The  Aviation  Board  was 
assisted  in  the  tests  by  the  U.  S.  Bevy,  which  provided  personnel,  ma¬ 
teriel  (some  of  the  aircraft),  and  maintenance  facilities;  by  the  D.  S. 
Arm  Aviation  School;  **hich  provided  observe*  personnel;  by  the  U.  S. 
Army  Transportation  Research  Command,  which  provided  instrumentation, 
personnel,  technical  assistance,  and  photographic  support;  by  MSA's 
Langley  Research  Center,  which  provided  instrument  equipment  and 
advice;  by  the  U.  8.  Army  Human  Research  Unit,  which  accomplished  the 


human  factors  portion  of  the  flight  teat  program;,  by  the  U.  S.  Army 
Hospital,  Fort  Rucker,  Alabama,  which,  conducted  the  physiological 
portion  of  the  flight  test  program;  and  by  various  industrial  organ¬ 
isations,  which  provided  technical  advice  and  assistance  for  their 
respective  aircraft. 

During  the  early  stages  of  the  program,  it  was  determined  that 
little  measured  and  correlated  objective  flight  test  data  pertaining 

i 

directly  to  the  man-machine  compatibility  design  problem  was' available. 
Several  low-level  flight  programs  had  previously  been  conducted  by  the 
Air  Force  and  Navy  to  gather  turbulence  data  for  use  in  the  analysis 
of  aircraft  structures.  However,  data  were  not  available  for  corre¬ 
lated  man-machine  compatibility  for  a  low-level,  high-speed  surveillance- 
type  mission.  The  Army's  flight  program  was  designed  to  gather  infor¬ 
mation  in  the  human  factors  area  which  would  provide  background  for 
future  laboratory  studies  and  to  obtain  data  to  aid  in  establishing  the 
technical  characteristics  for  future  aircraft  that  may  be  required  to 
operate  at  high  speed  and  low  altitude. 

This  paper  reports  on  the  1961  tests  and  some  of  the  results  that 
were  obtained  in  the  field  relative  to  guat  accelerations  while  flying 
at  very  low  altitudes  and  at  speeds  approaching  5S0  knots.  In  addition, 
some  of  the  problems  that  occurred  relative  to  man-machine  compatibility 


are  discussed. 


The  following  aircraft  were  used  in  the  1961  flight  test  program  (Ref¬ 
erence  2): 

1.  The  44JD.-2N  (Figure  1),  a  single-place ,  high-performance,  light¬ 
weight  Navy  attack  airplane  with  a  modified  delta  wing.  It 

is  powered  by  an  axial-flow  turbojet  engine  which  develops 
7700  pounds  of  static  thrust. 

2.  The  G-91  R/l  (Figure  2),  single-place,  swept -wing,  high- 
performance  strike  reconnaissance  fighter.  It  is  powered 
by  an  axial -flow  turbojet  engine  which  develops  5000  pounds 
of  static  thrust. 

3.  The  N-156  (Figure  3),  a  single-place,  supersonic  fighter 
powered  by  two  axial-flow  turbojet  engines  which  develop 
2500  pounds  of  static  thrust  each  and  3850  pounds  of  static 
thrust  with  afterburner. 

4.  The  YA0-1  (Figure  4) ,  a  side-by-side,  two-place,  tactical 
surveillance  airplane.  It  is  powered  by  two  turboprop  axial- 
flow  gas-turbine  engines  which  develop  1005  equivalent  shaft 
horsepower  each. 

5.  The  T-38,  a  two-place  version  of  the  N-156,  used  as  an  Air 
Force  supersonic  trainer.  It  was  used  as  a  chase  plane  for 
low-altitude,  high-speed  flights  of  the  N-156. 

nrpTtacargATioB 

The  440,  G-91,  and  N-156  aircraft  were  instrumented  with  NAS4-VGH  re- 
corders  Co  measure  the  following  quantities: 
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1.  Vertical  acceleration  (range  -  2g  to  Mg) 

2 .  Airspeed  (range  0  to  460  knots) ,  for  speeds  above  460  knots 
the  aircraft  airspeed  systems  were  used. 

3.  Pressure  altitude. 

The  YA0-1  was  instrumented  with  a  CEC  5-114-P3  18-channel  oscillograph 
to  measure  the  following  quantities: 

1.  Stick  position 

2.  Pitch  attitude 

3.  Angle  of  attack 

4.  Pitch  rate 

3.  Norman  acceleration  (cockpit) 

6.  Lateral  acceleration  (cockpit) 

7.  Norman  acceleration  (eg) 

8.  Lateral  acceleration  (eg) 

9 .  Sideslip  angle 

An  absolute  altimeter  (radar  altimeter)-  was  used  on  most  of  the  test 
aircraft  for  maintaining  the  required  altitude  above  the  ground. 

In  addition,  physiological  studies  consisted  of  preflight  and  postflight 
weighing  of  the  pilot  and  observer;  inflight  records  of  pulse  rate,  res¬ 
piration  rate,  heart  activity  (KEG) ,  and  body  temperature  were  systemat¬ 
ically  sampled  during  the  missions.  Throughout  the  test  period,  a  general 
evaluation  was  made  of  the  pilot's  mental  attitude  in  an  effort  to  deter¬ 
mine  the  psychological  effects  of  flight  stress  and  fatigue.  The  human 
factors  portion  of  the  tests  will  be  only  briefly  mentioned  in\thls  paper. 


TEST  PROGRAM 

*sm 

The  MS,  G-91,  H-156,  and  YAO-1  aircraft  were  flown  for  sustained  periods 
at  low  altitudes  and  high  speeds  over  various  types  of  terrain  under  day¬ 
light  visual  flight  conditions  (VFR) .  In  compliance  with  the  regulations 
governing  the  use  of  the  low-level  test  routes,  a  chase  airplane  accom¬ 
panied  each  flight.  The  test  airplanes  were  instrumented  to  measure  the 
response  to  turbulence;  the  pilots  were  instrumented  to  measure  selected 

physiological  changes  occurring  during  the  flight;  .observers  were  used 

♦ 

in  the  chase  airplane  (T-38)  and  in  the  YAO-1  to.  determine  psychomotor 
ability  during  turbulence.  The  pilots  and  observers  were  given  stand¬ 
ardised  debriefings,  the  results  of  which  were  correlated  with  airplane 
acceleration  response  data. 

T«gT  COW) IT IONS  Atw  PROCEDURES 

testes 

The  flight  test  program  was  conducted  at  the  following  locations  to  obtain 
representative  turbulence  data  over  the  various  types  of  terrain  indicated: 

1.  Naval  Air  Station,  Jacksonville,  Florida  (flat  land,  swamps, 
water) . 

2.  Naval  Air  Station,  Memphis,  Tennessee  (rolling  land,  foothills). 

3.  Karine  Corps  Auxiliary  Air  Station,  Yuma,  Arizona  (desert, 
mountains) . 

The  absolute  altitudes  at  which  the  flights  were  flown  depended  upon  the 

\ 

type  of  terrain  and  were  as  follows: 


6 


Water 


50 


flat  land  and  swamps  200 

Rrlling  land  and  Mountains  400 

The  chase  airplane  maintained  an  altitude  of  800  feet  above  that  of  the 
teet  airplane. 


Aircraft  Speeds 


The  airplanes  were  flown  in  the  following  speed  ranges  in  order  to  provide 
correlation  of  the  data  between  the  jet  aircraft  at  the  lower  speed  limits 
end  to  exploit  tho  individual  capabilities  of  the  airplanes  at  the  upper 
speed  limits. 

Airplane  Indicated  Airspeed  (knots) 


A4D 

G-91 

N-156 

i’AO-1 


350  -  425 
350  -  500 
350  -  575 
200  -  220 


Flight  Duration 

The  duration  of  the  Individual  flights  was  a  function  of  the  airplane 
characteristics,  course  layout,  and  flight  objectives.  The  mission  times 
varied  from  30  to  80  minutes. 

Method  of  Evaluation  of  Acceleration  Data 

The  acceleration  traces  of  the  flight  records  from  the  teat  airplanes 


were  evaluated  to  obtain  the  Begultude  oZ  ill  ga  w  tret  fen  incre¬ 


ments  from  the  steady -state,  or  lg,  datum.  The  evaluation  was  limited 
to  single  peaks,  positive  or  negative,  between  any  two  consacutive  inter¬ 
sections  of  the  acceleration  trace  with  the  ”g"  reference  line.  The  traces 
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wars  read  In  such  a  manner  aa  to  el Inina te  the  acceleration  due  to  na~ 
neuvars.  A  threshold  of  0.2g  was  us 3d,  with  the  acceleration  peak*  read 
to  the  nearest  0.1$  increment. 

Oust  velocities,  tJgg,  were  calculated  from  acceleration  data  using  the 
derived  gust  velocity  foneula  contained  in  jteference  J.  For  these  cal¬ 
culations,  the  airplane  weight  and  wing  loading  were  adjusted  during  the 
flight  to  coaqpensete  for  the  fuel  consuned.  The  lift -curve  slopes  used 
in  the  calculations  were  furnished  by  the  aircraft  manufacturers. 


TEST  RESULTS 
Atmosphere  Encountered 


In  Figure  5,  derived  gust  velocity,  U^g,  Is  plotted  against  miles  to 
exceed  a  given  gust  velocity  for  all  the  1960  and  1961  tests  along. with 
results  from  the  Air  Force  B-66  low-level,  gust  program  (Reference  4) . 

In  general,  slightly  higher  gust  velocities  were  experienced  during  the 
1961  te&ts  than  during  the  1960  tests.  The  1961  test  results  show  good 
agreement  with  the  B-66  data.  Most  of  the  1961  tests  results  presented 
were  obtained  in  the  Yuma  test  area;  however,  a  limited  asiount  of  data 
was  obtained  in  the  Jacksonville  and  Memphis  test  areas. 

Measured  Gust  Data 

In  Figure  6,  miles  to  exceed  a  given  normal  acceleration  Is  shown  for 
the  A4D,  G-91,  N-156,  and  YA0-1  In  the  Yuma  test  area.  It  can  be  seen 
that  the  N-156  experienced  the  highest  gust  accelerations  of  the  three 
high-speed  aircraft  while  the  YA0-1  experienced  the  lowest  acceleration 
(this  is  to  be  expected  since  the  maximum  speed  of  the  YA0-1  was  only 
about  one-half  the  speed  of  the  other  aircraft) .  The  acceleration  data 
of  Figure  6,  along  with  other  aircraft  parameters,  are  used  to  calculate 
a  derived  gust  velocity,  UDg.  Figure  7  shows  the  derived  gust  velocity 
so  obtained,  plotted  against  miles  to  exceed  a  given  gust  velocity  for 
the  test  aircraft.  It  can  be  seen  that  of  the  three  high-speed  aircraft, 
the  MD  encountered  the  highest  gust  velocity  while  the  N-156  experienced 
the  lowest  gust  velocity.  Comparing  Figures  6  end  / ,  a.L  wouIm  sp'pccT  l ™ 
for  the  three  high-speed  aircraft,  the  N-156  had  the  highest  gust  sensi¬ 
tivity  while  the  A4D  had  the  lowest  gust  sensitivity.  Figure  8  shows 
the  acceleration  data  of  Figure  6  plotted  against  time.  As  an  example, 


a  I -hour  mi m ion  would  on  the  average  encounter  on#  iacramental  gust  of 
lg  Intensity. 

Haato  Q\mmt 

Minimum  safa  tar  rain  clearance  ic  dependent  upon  a  number  of  interacting 
factors.  8cme  of  these  ara:  visibility,  turbulence,  a pa ad,  terrain  varia¬ 
tion,  orientation  with  reapact  to  terrain  variations,  aircraft  response 
characteristics,  obstacle  spacing,  obstacle  visibility,  sun  or  station, 
pilot  fatigue,  reference  cues,  in-cockplt  tasks,  density  altitude,  wind 
direction,  familiarity  with  route  and  airplane,  mission  time,  and  general 
experience  level.  With  good  visibility  and  a  minimum  of  cockpit  tasks, 
the  parameters  of  terrain  variation,  turbulence,  mission  duration,  and 
speed  are  the  main  factors  affecting  safe  terrain  clearance.  Minimum 
desirable  terrain  clearances  for  missions  of  %  hour  duration  as  deter¬ 
mined  by  subjective  evaluation  of  the  pilots  iammdlately  following  the 
test  flights  are  presented. 

In  figure  9,  terrain  clearance  is  plotted  against  speed  for  flat 
terrain,  where  terrain  clearance  is  thought  of  as  the  distance  above 
obstacles,  such  as  trees,  houses,  etc.  It  can  be  seen  that  as  the  speed 
was  Increased  from  200  knots  to  500  knots  or  more,  the  desired  terrain 
clearance  Increased  from  25  to  50  feet  for  smooth  to  mild  turbulence. 

As  the  turbulence  levels  Increased,  the  terrain  clearance  amounts  in¬ 
creased  accordingly. 

In  Figure  10,  terrain  clearance  la  plotted  for  rolling 

hi  11a.  It  appears  that  the  introduction  of  moderate  relief  changes  (rolling 
hills)  to  the  flight  mission  changes  the  type'  of  flying  from  contour  following 
to  peek-te-peek  flying  ee  e  function  of  speed  and  altitude.  It  can  be  seen 
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from  the  figure  that  an  extra  Margin  of  about  200  faat  altitude  over  that 
re<pilred  for  flat  terrain  la  needed  for  rolling  terrain. 

It  was  the  opinion  of  the  pilots  that  terrain  clearance  for  each  type 
of  terrain  would  have  to  be  increased  by  50  -  100  percent  If  the  Mission 
duration  were  increased  to  2  hours. 


The  physiological  studies  consisted  of  preflight  and  postflight  weighing 
of  the  pilot  and  inflight  recordings  of  body  temperatures <  heart  activity. 


and  respiration.  Throughout  the  test  period,  a  general  evaluation  was 


Made  of  Mental  status,  attitude,  and  fatigue.  The  findings  of  this  portion 


of  the  tests  are  covered  in  Reference  2  and  will  not  be  discussed  in  this 


paper. 


(XllCfJPSHMS 


It  is  concluded  that  the  program: 

1.  Acquainted  the  Are?  with  the  problems  aaeociated  with  the  operation 
of  highspeed  aircraft  at  very  low  altitudes  (LABS) . 

2.  Showed  the  pilots  could  satisfactorily  coop late  a  %-  to  1-hour 
simulated  LARS  mission  while  flying  through  llght-to-woderate 
turbulence. 

3.  Pointed  out  the  need  for  future  research  that  would  establish  the 
effect  of  longer  missions  and  higher  turbulence  levels  on  pilot 
performance. 

4.  Showed  a  possible  need  for  gust  alleviation  for  future  aircraft, 
to  make  the  ride  more  tolerable  for  the  pilot  and  to  provide  a 
more  stable  platform  for  the  electronic  equipmenc. 

5.  Provided  data  which  showed  that  the  turbulence  encountered  at 
emtresmly  low  altitudes  was  not  nearly  as  severe  as  had  been 
predicted. 
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ACCELERATION  -  WK^MENT  ~  j.  UNITS 

FIGURE  6-  NUMBER  OF  MILES  TO  EXCEED  A  GIVEN  NORMAL 

ACCELERATION,  A ,  FOR  THE  TEST  AIRCRAFT  (YUMA 
DATA}.  *  * 
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FIGURE  7-  NUMBER  OF  MILES  TO  EXCEED  A  GIVEN  GUST 

VELOCITY,  U^,  FOR  THE  TEST  AIRCRAFT  (YUMA 
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HUMAN  FACTOR  PROBLEMS 
ASSOCIATED  WITH  LOW  ALTITUDE, 
HI6H-SPEED  (LAHS)  FLIGHT 


H.E.  Rawson,  and  B.  Schohan 
North  American  Aviation,  Inc.,  Columbus,  Ohio 


Paper  to  bo  Presented  to  CAl/lSXCOH  Synposlua  on  Dynaalc 
Load  Problems  Associated  with  Hell  copters 
and  V/STOL  Aircraft 

"Bunan  Ihoter  Probleas  Associated  with  Low-Altitude,  High-Speed  Plight11 

by 

E.  E.  Ravson,  Fh.D. 

B.  Sehohan 

In  order  to  alslalse  the  probability  of  detection  and  increase  survival 
probability,  the  Mission  of  an  advanced  UoS.  Aray  sarrei Uance  aircraft 
la  being  defined  in  toms  of  flying  at  very  lev  altituda  and  at 
relatively  high  air  speeds  far  extended  donations,  this  type  af 
Mission  raise*  the  paaeibility  ef  haean  operater  perferaanee  dj.craaewte 
doe  ts  the  beffoting  experienced  under  leereltita.de,  high-speed  (W8) 
conditions.  Two  distinct  operater  problems  nay  arises  first,  the 
jredea  ef  aoeeaplieklrg  the  ays  tea's  priaary  aissiea,  that  is,  sar- 
vellLance,  r econnai usance ,  etc.)  and,  second,  the  preblea  af  Maintaining 
the  vehicle  flight  path  —  specifically  altitade  -  within  a  set  ef 
restrictive  boondsc 

5hs  study  to  .be  reported  pas  spensered  by  the  U,  S.  M ray  Eraaspertatien 
laaaaroh  Ommad  to  invastigat*  pilot  end  observer  perfereeac.e  in 
yUo&Byg,  naivigatieiMtl,  sad  aurreillnaec  tasks  wader  simulated  lew- 


this  d arias  can  be  aabjaoted  to  positive  or  negative  acealerationa  in 
the  Tertlesl  axis,  and  patterns  of  accelerations  can  be  programed 
through  an  analog  eenpnter  te  produce  aeoeleratien  tlne-hi atari** 
similar  te  these  experienced  in  an  aircraft  flying  at  lew  altitsdes 
and  high  speeds. 

The  report  will  be  presented  in  three  parts.  First,  a  brief  eussary 
ef  the  simlatien  procedures  will  be  given*  Second,  the  resalte  ob¬ 
tained  will  be  reviewed}  end,  third,  the  eenolselens  drew  fren  analysis 
ef  these  results  will  be  presented. 


cii.  uaViMt  » n.i 


At  the  beginning  of  the  study,  e  typical  Arsy  sorvelUance  nisei  on  was 
defined  end  then  analysed  in  terns  ef  the  variant  operator  task 
.components  reqnlred,  and  in  terns  ef  ths  tints  in  which  these  essential 
tasks  needed  te  be  perferned.  Ikon  this  sieslon-task  analysis,  these 
tasks  assential  for  tuoeescftal  eenpletien  #f  a  typleal  Arny  lew-altitade, 
high-speed  sarvelllanoe  mission  were  deter nined  so  that  honen  perfern- 
asee  measurement*  oeuld  be  nede  under  varying  buffeting  conditions  that 
canid  be  expected  nnder  lew-altitade,  high-speed  flight  conditions. 

To  sinqlate  realistic  LABS  balloting,  the  aerodynaadc  and  control 
oharacteristies  ef  a  proposed  advanced  sorrolllamee  aircraft  were 
defined*  Oast  data  obtained  fren  the  Douglas  SB-66  flights  were  than 
need  te  deteralae  eeceleratiec  tine  Materies  far  reet  neon  square  gnat 
rsdeeltiM  of  2,  4»  &?  $  and  10  ft/aso  at  veleeities  «f  0*4  Jfeah  and 
&Pf  Bhefc*  Stses  aseeXaraiim  tine  histories  were  programed  for  the 
a-a*at* 
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Tha  equations  of  notion  of  the  vehicle  were  sot  in  on  analog  coupe  tar 
for  tha  flight  slaulaiion.  Ikes*  ike  einalater  and  Iti  supporting 
oonputer  coaplex  enabled  tha  pilot  to  fly  o  ol*esd-lsop  siaclatiea. 

The  Mon  ef  tha  root  uoan  square  fl  'a  ranged  fraa  .05  to  *41  G*  with 
soak  aoc#l«?*ti*ns  reaching  *  3*5  6*  figsr.s  2  shows  tha  raaga  of 
G-fwces  lnposed  on  tka  pilot  at  each  of  tha  (act  lsteaalty  levels 
introdacad  daring  this  atedy. 

Tka  exparineatal  runs  canal  a  tad  of  tha  ainalatpd  survsillanoe  aiaaiaas. 
Thaaa  Missions  vara  three  hoars  long,  consisting  of  an  GO-ninets 
cruise  to  tha  target  at  0.4  Kwh,  fallowed  by  a  20-ninute  dash  at 
0.9  Mich,  and  again  followed  by  an  SO-ainate  return  cruise  at  0.4  Mick, 
figure  2  skew  one  of  ths  simulated  nissisas  used  daring  th«  study.  The 
dash  segnant  of  tha  si  sales  is  orar  suspected  hostile  territory. 

The  study  ties  conducted  in  two  phases  -  a  pilot  study  phase  and  an 
observer  study  phase.  Six  Amy  pilots  those  experience  ranged  frost 
jot  $e  halioepters  wars  used  as  subjects  in  the  pilot  study*  uhile 

t 

four  Aragr  ebenrvers,  who  also  had  experience  piloting  L-19'a*  were 
need  in  the  ebservar  study*  Each  pilot  and  observer  flew  the 
finals  ted  nisslon  nadir  a  variety  of  aeoalaratiea  tine  histories  at 
bath  air  speeds. 

Tka  pilot#'  tasks  daring  these  Missions  were  hold  consent.  Tha** 
tasks  insisted;  of  terrain  tracking  over  a  variable  .terrain*  ent-af- 
,$eekpii  target  idontifieatiemji  in-cockpit  nolti^asnscr  target  ideatl- 
float im  utilising  siaalatad  3S*  radar  and  ff  displays;  and  8CH 


Sat  observer  tasks,  wbioh  vere  also  held  constant  through  exit  the 
i&saiena,  consisted  of  out-of-cockpit  target  identification,  in- 
esoJepit  target  Identification,  ZCH  aonitoring,  navigation  and  fuel 
caaaefiptdoj\  eoKputationa. 

Fmr  of  the  pilots  and  all  of  the  observers  flew  apprcxiaately  seven 
*cr«8-feoar  aissions  following  briefing  and  practice  rasa.  In 

a  few  ■endurance"  runs  ware  made  in  which  a  pilot  and  ob- 
s* msr  wtr«  asked  to  fly  up  to  three  hears  under  continuously  severe 
^srbolenco  conditions,  that  Is,  at  0.9  Mach  under  vertical  gust 
(toealerations  representative  of  those  encountered  in  thunderstorms, 
j^proxiaiately  260  slmlator  hoars  were  devoted  to  the  conduct  of  both 
Judies. 


RBSTTT/P3 

tm  the  pilot,  terrain  following  under  LaHS  conditions  is  a  full-time 
*ob.  Perform nee  on  this  task  is  satisfactory  at  0.4  M&oh,  hut  falls 
eff  at  the  higher  air  speed  of  0.9  Maou  (Table  l).  is  this  table  shows, 
~ss  altitude  error  increases  generally  as  a  function  of  increasing  rns 
gnat  vslccity  at  the  higher  air  speed. 

At  0.9  llwh,  the  pilots  incurred  a  ?arg«  number  of  "missile  kills"  - 
is,  they  esaeefied  1,000  feet  altitude  above  the  terrain,  and  they 
ados  incurred  a  large  number  of  "crashes"  -  that  Is,  they  hit  the 
■gmead*.  Table  2  lists  the  average  number  of  missile  kills  at  th* 

&*ff exeat  gnat  intensity  levels  during  different  segments  of  the  mission, 
*©£  table  3  lists  the  median  number  of  crashes  for  the  earns  conditions. 
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TABUS  1 


WAS  BH3  AlfflTBDB  KERCR  AS  A  7UBCTX0B  OF  TOTAL  RW3 
VERTICAL  OUST  ACCSK&ATIO* 


ffljw&finJbwMinfc 


RW  Oast  Cruise  Dash  Final  Cruise 

Velocity  (0.4  Mach)  (0.9  Ifeeh)  (0.4  Weh) 


2 

ft/aeo 

149.12 

M«= 

109.50} 

H 

s 

110.62} 

«*g  s 

21.13 

3  = 

12.27 

3 

55 

9.96 

4 

ft/seo 

M* 

108.62} 

M  - 

132.00} 

M 

S 

162.00} 

S  * 

18. 59 

S  = 

24.86 

8 

= 

10,70 

6 

ft/aeo 

H* 

99.50 j(. 

M  * 

121.50} 

M 

SC 

127.00} 

S  = 

6.86 

S  = 

46*44 

S 

= 

19.02 

8 

ft/aeo 

H  a 

132.88} 

M  = 

348.00} 

H 

s 

104.87} 

S  = 

12.90 

S  = 

106.68 

S 

wm 

11.66 

10 

ft/aeo 

B  = 

134.75 

M  = 

152.50} 

M 

s 

to 

i 

S  = 

9.52 

S  = 

152.50 

S 

14.92 

*  M  represents  the  man  ru  altitude  error 
#R  S  represents  the  standard  deriation  of  ras  altitude  error. 


TABEE  2 

imtMs  mams,  ce  !xmsm  mxs>  (6  subjects) 

Gnat  Intensity  Larel 

mam  mmr 

Initial  Cruise 
0.4  *hch 

Huh 
0.9  Mach 

final  Cruise 
0.4  Ifeeh 

.2  ft/sae  "  0.4  Mach 

9.99 

- 

3.69 

4  ft/aao  -  0.4  Jfeoh 

2.81 

mm 

13.00 

6  ft/sso  -  0,4  Mach 

1.67 

- 

5.31 

3  ft/sec  -  0,4  Mach 

5*24 

mm 

3.54 

10  ft/sac  -  0.4  Mach 

5.25 

- 

2.08 

2  St/amr  -  0,9  Mach 

- 

1.25 

mrt 

4  ft/«*o  ~  0,9  Mhch 

- 

3.75 

- 

6  ft/aeo  -  0.9  Mich 

mm 

4.17 

mm 

8  ft/sec  -  0.9  Mach 

mm 

38.75 

- 

10  ft/aao  -  0.9  ftich 

" 

13.33 

mm 

fetal  * 

24*96 

61.25 

27.62 

&an  ■ 

4.99 

32.25 

5.52 

S2  a 

8.18 

192.40 

15.01 
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.  -  .  T"  ■ 

mm  3 

m DIAS  KJ3«H  (SP  CRASH®  (6  SUBJKCTS) 

KBSICir  SKJ4BHT 

■»«  -'■»  «V-*  * 

Initial  Gratae 

Qtt«t  Inteoaitgr  Leva!  G;4~Hwh 

B»ah 

0.9  Kwh 

Pinal  Oral** 
0.4  Kaeh 

2  ft/*ao  -  0.4  Hkoh 

4 

» 

1 

4  t t/aeo  -  0.4  Kwh 

1 

- 

3 

6  f t/a«o  -  0*4  Mkoh 

0 

- 

0 

8  ft/aeo  -  0.4  Kwh 

0 

- 

4 

10  ft/a«o  -  0.4  Mtcb 

0 

■» 

2 
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Finally*  the  altitude  error  records  indicated  a  marginal  degree  of 
aircraft  control  at  high  tertelenoa  levels  which  is  set  raflaetetf  is 
the  rm  altLtode  error  records. 

As  yea  adjust  the  total  nunber  of  crashes  for  the  tine  intervals  of 
the  mission  segments,  there  sere  tides  as  many  crashes  in  the  final 
cruise  as  in  the  initial  cruise,  suggesting  a  fatigue  effect  whloh 
does  not  ahov  up  in  ms  altitude  error.  Also,  again  adjusting  per¬ 
centages  for  the  shorter  tine  intervals  of  the  dash  (20  ai mates  for 
the  dash  as  eenpared  to  80  minatos  for  the  cruise  segments),  there 
were  oensidarahly  acre  arashea  per  aim4-  daring  the  dash  portion 
than  in  either  of  the  aruiso  portions  of  the  Mission:  there  were 
6  1/4#  crashes  daring  the  initial  cruise,  25$  daring  the  dash,  and 
12  1/5#  daring  the  final  cruise. 

Ihble  2  shows  that  there  ware  considerably  acre  "Missile  hills"  in 
the  dash  segnent  than  in  either  ernlae  segment.  It  la  also  Interesting 
to  note  that  "missile  hills"  in  the  final  oruisa  vara  slightly  higher 
than  in  the  initial  atruiaa,  again  indicating  a  fatigue  factor.  Dif¬ 
fer  enoe*  due  to  goat  intensity  levels  alone  are  nat  significant  at  the 
lower  airspeeds  In  the  cruise  segment.  In  the  dash  portion,  however, 
the  higher  gust  intensity  leads  to  significantly  mere  "missile  hills". 


Based  on  the  results  of  this  study  and  on  a  predicted  configuration  of 
an  Arsy  surveillance  aircraft,  it  appears  that  LA®  flight*  at  0?9  Mssh 
or  higher  ahseld  he  considered  only  under  eo&Aitions  of  rather  aUd 
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turbulence.  Higher  speeds  tee  flights  In  heavy  turbulence  should  be 
considered  only  if  gnat  alleviation  devices  can  red nos  edgnifiaintly 
the  total  G  leadings  on  the  operator. 

Sinoe  the  pilot  is  folly  occupied  with  terrain  following,  two  operators 
will  be  essential  for  satisfactory  conduct  of  this  type  of  mission. 

The  pilot  should  be  assigned  the  task  of  terrain  relieving  and  air¬ 
craft  operation  only.  She  results  indicated  that  any  additional  tasks 
imposed  on  bin  tended  to  degrade  hie  performance  in  these  crucial 
operations.  The  observer,  or  second  nan,  should  handle  all  the  other 
tasks  such  as  navigation,  in-cockpit  electronic  sensor  surveillance, 
cut-ef-occkpit  visual  surveillance,  and  SCM  monitoring  and  lamming 
operations.  Bxe  results  obtained  In  this  study  supported  this  alloca¬ 
tion  of  tasks.  She  pilot  can  perform  his  tasks  quite  veil  except  at 
high  subsonic  speeds.  Under  these  latter  conditions,  missions  shield 
probably  be  aborted  -  ept  in  emergencies  unless  gust  alleviation 
devices  provide  significant  relief  in  jostling.  3he  pilot's  handling 
tasks,  in  addition  to  piloting  tasks,  resulted  in  erratic  plletlng 
and  poor  performance  on  the  newly  assigned  task.  Observers,  relieved 
of  the  heavy  piloting  load,  completed  their  assigned  tasks  In  a  satis¬ 
factory  manner  despite  the  Cr-loede  imposed  in  this  study*  Increased 
speed,  with  its  shorter  viewing  time,  did  affect  their  surveillance 
performance,  however,  as  weald  be  expected*  navigation  tasks,  per¬ 
formed  on  a  manual  computer  (E6B),  proved  in  general  to  be  less  than 
satisfactory.  Si*  observers  were  alow  and  often  inaccurate  in  their 
calculations  which  rsaaltcd  in  their  being  'lost'  a  gosd  deal  of  the 
time,  furthermore,  these  computers  could  net  bo  held  in  the  observer's 
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hands  at  the  higher  turbulence  levels.  Cut-of-cockpit  sarrsillenoa 
and  in-cockpit  electronic  censor  surveillance  vac  handled  satis¬ 
factorily,  at  least  to  the  level  of  proficiency  that  this  study 
*»easnr@d.  Mare  ce&plex  taafe  assignments  for  the  observer  sight 
load  to  deterioration  of  performance  under  severe  conditions.  It 
ehoaM  ho  painted  oat,  however,  that  all  four  observers  flew  caw 
continuous  three-hoar  mission  at  the  highest  turbulence  levels 
used  in  the  study  with  no  noticeable  performance  daereaento  or 
significant  ill  effects.  This  seeas  to  indicate  that  observers 
eeuld  handle  very  heavy  task  leadings  with  no  serious  effects  on 
Mission  effectiveness.  2h  samary,  it  appears  that  navigational  and 
surveillance  tasks  should  be  assigned  to  observers,  leaving  the  pilots 
as  few  tasks  as  possible  other  than  terrain  following. 

In  regard  to  crew  training,  it  should  be  Mentioned  that  tho  study 
rfsalth  revealed  strong  training  effects  due  to  the  acceleration 
envlraaaanta  prevalent  under  LAHS  conditions.  Those  effects  seen  to 
center  around  three  pheaoMena: 

1.  A  decrease  in  anxiety  as  the  operator  b&soma 
p^yohelegloally  conditioned  to  this  amiroas@nto 

Z.  A  quick  learning  effect  of  new  control,  visual 
reading,  and  caefert  techniques  shiah  neatly 
enhance  his  perferaanos. 

3»  A  physiological  conditioning  in  which  aufulos  used 
in  teasing  tka  feady  hi£l  tsrkslsscs  bSSSSi 
effestive  in  enabling  the  pilot  to  perform  Ms  task 
with  greater  ease. 
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Intensive  ehert-tera  specialised  training  and *r  dynaai®  baft«tlsf 
conditions  sheuld  greatly  eohanoa  perforaaac*  on  the  LA5©  ai«si«» 
Bie  training  gsregran  should  Indsade  proper  restraint  aysie*  ad$ieb~ 
cent,  visual  eeamning  iaeSmiquas,  control  response  node?  heavy 
turbulence,  relaaatiea  techniques,  and  physiological  conditioning. 

3n  such  a  p*ograx  the  operator  should  ba  instructed  to  use  fine  Ester 
Etyvcasats  rathas*  than  gross  aster  jasvessats  i«  inatraaent  and  central 
®d$*s. taunts. 


Scat,  bom  «sntion  ehoold  ba  Bade  about  the  standard  Havy  integrated 
torso  harness  that  m s  used  for  restraint..  Huy  oeaplaints  marts  Bads 
after  the  pilot  oar  observer  had  been  arpesed  to  turbulent  ccndltleaa 
continuously  for  apgroaljs&tely  one  kmr,  and  the  coapLaint*  centered 
sreead  the  level  of  disseafsrt  caused  by  the  harness  rather  than  frea 
th«  ttdes^moy  of  restraint.  As  a  satis?  of  fact,  sob*  observers 
loosened  the  harness  after  an  hoar  es  that  they  could  twist  and  bend 
into  a  ®or@  eeaf®*  table  position,.  Thin  practice,  although  undoubtedly 
sllwdeg  boto  cesfort,  is  eztraaaly  dangas-soa  frs*  a  physiological 
safety  viewpoint.  2h#  fact  that  observers  1  massed  thoir  restraint 
*ya,t&aa,  Scam&ng  the  daagars  involved,  points  to  tha  Inpsrtanee  of 
this  prsblea.  Far  long  ferstden  aiaslcsns,  new  restraint  ^utms  shsuld 
bo  developed  vM«sh  would  offer  adequate  reateai&b,  b&t  would,  at  the 
sasra  ti®0,  be  confer  table. 


Be  insteansst  panel  in  the  finest  is  rigidly  ssuntod,  A.®*,  it  is 


bss^aso  ef  vibrations  ef  the  psnsl.  SA&so  apera^  error  isast  be  Mid 
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te  a  ulaiNUM  miter  MSS  conditions,  all  cockpit  displays  should  bo 
as  vibration  fees  as  possible  to  avoid  this  Mod  of  o mi'.  A 
dampened  cockpit  panel  gheeU  bo  investigated  for  this  purpose.  Hal 
faoes  and  Markings  should  bo  larger  to  aid  in  the  quick  processing 
necessary  under  IMS  conditions,  and  alternate  node  displays,  that  is, 
displays  which  can  bo  twitched  to  special  lev-altitude  calibration, 
should  bo  investigated. 

.So  Minimise  the  danger  of  inadvertent  control  stick  impute  by  the 
pilot  under  conditions,  special  era tools  should  be  designed. 
far  esaaplo,  a  pencil'  or  ball-type  oide-arn  controller  and  an  sap- 
port  should  be  lnveeti gated  far  flight  control  in  lisa  of  a  o enter- 
stick  controller,  and,  aa  previously  mentioned,  Manual  navigational 
aids  vill  probably  have  to  bo  built  into  the  cockpit*  She  use  of 
electronic  havigaticsal  aids  and  read-cuts,  which  reqpira  little 
annual  adjnstaent,  shonld  bo  explored. 

Stone  Mention  should  bo  aado  of  the  special  endurance  runs  in  which 

/ 

three  of  the  pilots  and  all  of  the  observers  mare  asked  to  fly 
Missions  at  the  highest  acceleration  tine  histories  utilised  in  the 
study.  The  pilots  were  instructed  to  fly  as  long  aa  they  felt  c,esr 
fer table.  Qua  pilot  flow  for  one  and  one-half  hours  at  this  level, 
another  flew  one  hour  and  fifty  Minutes,  and  a  third  flew  a  flail  three 
hear o  under  these  severe  conditions.  The  pilots  flying  these  endurance 
runs  felt  that  the  experience  was  extreasly  fatiguing.  In  fact,  cue 
pilot  experienced  eotraac  observable  ifeiSgne.  Be  kept  falling  asleep 
f«§?  abba t  48  hours  after  experiencing  tMs  endurance  run  and  felt 


dissy  for  about  24  boors.  Sals  uould  in&Loata  that  throe-hour  missions 
at  Mgh  sabsenio  speeds  under  heavy  turbulence  woald  be  axtrwaely 
hazardous  and  vary  fatiguing.  She  chance  of  successfully  r«p@sti»g 
such  a  mission  soon  after  the  first  mission  mould  be  quite  lev.  It 
should  be  pointed  eat;  however,  that  the  pilots  actually  perforned 
•lightly  better  In  their  terrain  following  under  these  severe  eendltlens 
than  daring  cur  normal  simulated  mission.  This  oan  probably  be  attributed 
te  the  high  level  of  Motivation  and  competition  surrounding  these  special 
flights. 

Consequently?  even  though  specialised  LARS  training  and  psychological 
and  physiological  conditioning  should  greatly  enhance  performance  under 
these  c  auditions?  special  hnnan  factor  itm*  will  have  to  be  considered 
such  as  the  design  of  gust  alleviation  davioes,  specialised  cockpit 
displays,  and  improved  restraint  systems. 
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SUMMARY 

This  paper  describes  various  system  methods  of  alleviating  air 
loads  due  to  gusts.  The  effects  of  these  gust  alleviation  systems  on -the 
dynamic  air  loads  are  presented  and  the  analysis  tools  and  techniques, 
and  the  criteria  used  for  evaluation  are  described. 
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INTRODUCTION 


* 


This  paper  discusses  the  results  obtained  from  the  gust  alleviation 
feasibility  study  conducted  by  the  Autonetics  and  Columbus  Divisions  of 
North  American  Aviation,  Inc.,  under  contract  with  the  U,  S,  Army 
Transportation  Research  Command  (TRECOM). 

The  study  was  conducted  in  order  to  obtain  a  realistic  appraisal 
of  the  capabilities  of  known  gust  alleviation  techniques  and  to  determine 
the  feasibility  of  utilizing  these  systems  in  future  Army  aircraft  intended 
for  sustained  low-level  high  subsonic  speed  operations. 

Gust  alleviation  systems  are  herein  considered  to  be  in  one  of  two 
categories: 

1.  Active  systems.  Those  systems  using  feedback  control  to 
activate  aircraft  control  surfaces.  Among  these  are  autopilots, 
pitch  dampers,  normal  acceleration  or  angle -of-attack  sensing 
systems,  and  those  systems  which  employ  dynamic  sensors  to 
attempt  simulation  of  the  gust. 

2.  Passive  systems.  Those  systems  which  alter  the  aircraft 
geometry  during  flight.  No  sensing  devices  are  employed. 
Included  in  this  category  are  variable  sweep  wings,  telescoping 
wings,  folding  wings,  spoilers  and  deflectors,  and  freely- 
floating  surfaces. 

The  various  systems  are  evaluated  in  terms  of  load  alleviation  capa¬ 
bility,  pilot  tolerance  and  endurance,  aircraft  performance,  stability  and 
control,  structural  effects,  weight,  cost,  reliability  and  fail-safety. 

The  study  results  indicate  that  a  variable  sweep  wing  design  or  a 
normal  acceleration  feedback  system  commanding  flaps  and  elevators 
offers  the  most  attractive  method  of  alleviation. 
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THE  ALLEVIATION  PROBLEM 

Penetration  of  enemy  defenses  and  territory  can  be  considerably 
enhanced  by  flight  at  high  speeds  and  minimum  altitudes.  High  speed 
coupled  with  the  natural  masking  afforded  by  the  terrain  and  earth  curva¬ 
ture,  significantly  decreases  the  probability  of  Cjuiction  and  kill.  The  low 
altitude  high  speed  (LAHS)  flight,  however,  results  in  a  greatly  increased 
probability  of  clobber  and  an  attrition  due  to  degradation  in  pilot  and  equip¬ 
ment  performance.  A  nominal  altitude,  determined  as  a  function  of  speed 
and  terrain,  can  be  achieved,  resulting  from  a  trade  off  between  clobber 
and  detection-kill.  At  this  altitude,  the  severity  of  atmospheric  turbulence 
contributes  to  the  aforementioned  attrition.  The  probability  of  success  of 
an  LAHS  mission  is  determined  to  a  great  extent  by  the  aircraft  sensitivity 
to  turbulence  or  gusts. 

The  study  was  restricted  to  longitudinal  response  to  vertical  gusts 
because  the  vertical  gust  component  impinges  on  the  largest  surface  area 
and  the  wing  span  is  small  compared  to  the  average  eddy  size.  The 
vertical  acceleration  sensitivity  to  gusts  can  be  defined  as 
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Sensitivity^  =  — - •  in  g's/fps.  (1) 
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A  vehicle  can  be  designed  with  a  low  gust  sensitivity,  normally 
sacrificing  performance  and  maneuverability  at  low  dynamic  pressures. 
The  parameters  of  aircraft  design  which  effect  a  low  gust  sensitivity  are 
discussed  later.  LAHS  missions  cannot  tolerate  gust  alleviation  through 
aircraft  velocity  reduction  or  weather  detection  and  course  changing  tech¬ 
niques,  both  of  which  prove  effective  in  commercial  aircraft  or  for  less 
critical  military  missions.  Consequently,  some  sort  of  gust  alleviation 
system  or  device  that  can  be  incorporated  into  the  basic  design  becomes 
desirable. 
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A  gust  alleviation  system  must  decrease  the  sensitivity  by  altering 
the  acceleration  response  to  gust  disturbances.  The  approximate  response 
over  the  short  period  frequency  range  can  be  given  in  Laplace  transform 
notation  as: 


Za  (•  -  2  M  .  ) 

M  /w  s  _ _ _ _ 3 - - 

Z  8  g  V  (s2  +2f  *  s  +Un4) 
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The  effect  of  the  time  lag  for  gust  incidence  on  wing  and  tail,  and 
downwash  effects  are  included.  Although  response  outvie  of  this  frequen¬ 
cy  range  was  also  considered  in  the  study,  presentation  from  the  limited 
frequency  range  standpoint  allows  a  more  simpl.fied  discussion  of  system 
concepts  and  feasibility. 

Gust  alleviation  systems  must  be  so  designed  as  to  alter  Eq  2  and 
provide  attenuation  of  the  acceleration.  Past  efforts  may  not  have  con¬ 
sidered  this  equation  directly,  but  all  alleviation  schemes  must  necessar¬ 
ily  result  in  its  alteration. 


TURBULENCE 


The  random  vertical  gust  component  can  be  characterized  statistic¬ 
ally  by  the  power  spectral  or  mean  square  density.  Since  extensive  atmos¬ 
pheric  research  in  recent  years  has  contributed  to  a  reliable  representation 
of  this  quantity,  a  statistical  approach  to  the  representation  of  turbulence 
is  desirable. 

Among  the  most  comprehensive  analyses  of  atmospheric  turbulence 
are  those  discussed  in  Ref  1  and  2.  The  spectra  are  illustrated  in  Figure  Jl, 

The  vertical  motion  of  the  air  can  be  considered  to  result  in  a  change 

w 


in  angle  of  attack,  whereby  for  small  angles  a  =  ,  expressed  in 

radians. 

Atmospheric  turbulence  generally  may  be  considered  to  be  a  station¬ 
ary  Gaussian  random  process.  The  turbulence  encountered  for  a  given 
time  or  flight  is,  of  course,  limited  by  the  duration,  flight  couise,  and 
weather  conditions.  The  turbulence  history  can  be  reduced  to  a  non-sta- 
tionary  Gaussian  process  that  varies  only  in  intensity.  For  localized  in¬ 
vestigations,  a  root  mean  square  gust  velocity  can  be  assumed.  This  rms 
value  can  then  be  considered  to  vary  according  to  some  cumulative  proba¬ 
bility  distribution  as  shown  in  Figure  2. 

The  powir  spectral  density,  or  more  properly,  mean  square  density, 
as  provided  by  Ref  1  and  employed  in  this  study  is  given  by 
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The  spectrum  of  Ref  2  differs  from  the  chosen  one  only  in  that 
slightly  more  power  is  evidenced  at  high  frequencies  for  the  former.  The 
analog  representation  of  this  spectrum  corresponds  to  that  of  Ref  1  for  a 
turbulence  scale  L  equal  to  600  ft. 
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Figure  1.  Analytic  Turbulence  Representation 


Figure  2,  Cumulative  Probability  Distribution  of  RMS  'Gust  Velocity 


The  load  spectra  can  then  be  determined  by  use  of  the  relationship 


(5) 
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CRITERIA 


The  primary  function  of  any  gust  alleviation  system  is  to  reduce  the 
loads  on  the  aircraft  and  to  provide  a  less  fatiguing  ride.  A  system  de¬ 
signed  to  perform  this  function  necessarily  introduces  considerations  other 
than  the  direct  ability  to  alleviate,  and  the  feasibility  criteria  must  cover 
these  factors  as  well. 


ALLEVIATION 

Statistical  approaches  have  frequently  been  employed  in  gust  allevia¬ 
tion  analyses,  yet  different  forms  for  the  measurement  of  alleviation  capa¬ 
bility  have  been  assumed.  Among  these  are  the  measurement  of  peak  or 
rms  accelerations  at  a  particular  frequency  or  over  a  band  of  '■.-equencies, 
or  the  maximum  value  of  the  acceleration  power  spectral  density  (PSD). 
Care  must  be  taken  in  evaluating  alleviation  study  results.  For  example, 
Ref  3  indicates  91  percent  alleviation  using  peak  PSD  values,  and  75  per¬ 
cent  based  on  rms  values,  as  applied  to  the  Mohawk  YAO-1.  The  measure 
adopted  herein  for  determining  the  ability  of  a  gust  alleviation  system  to 
perform  its  design  function  is  its  effect  on  the  aircraft's  sensitivity,  Ji  , 
based  on  rms  measurements. 

The  sensitivity  of  an  alleviated  vehicle  at  a  particular  flight  condition 
can  be  directly  compared  to  that  of  the  vehicle  without  an  alleviation  sys¬ 
tem.  The  sensitivity  criterion  can  also  be  used  to  compare  various  alle¬ 
viation  systems  as  applied  to  a  given  vehicle.  Systems  may  also  be 
compared  on  a  percentage  alleviation  basis  for  a  vehicle  under  the  same 
flight  conditions.  Percent  alleviation  is  herein  defined  as: 


_  /  il  A  \ 

Percent  a  =  100  ^  1  -  - -  j 
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Where  ^  is  sensitivity  with  alleviation  and  is  the  sensitivity 


without  alleviation. 
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The  normalized  vertical  acceleration  power  spectral  density  and 
percentage  of  alleviation  based  on  peak  values  of  this  spectrum  are  also 
utilized.  The  spectra  serve  to  illustrate  the  frequency  content  of  the 
acceleration  response. 

PILOT  TOLERANCE  AND  ENDURANCE 

Vertical  acceleration  at  the  pilot  fuselage  location  is  given  by 

ip 

N  =  N  -  -  0  (7) 

P  eg  57.3  g 

Some  investigations  have  utilized  a  tolerance  or  endurance  criterion 
consisting  of  a  minimization  of  pitch  rates  as  well  as  accelerations.  (See 
Ref  4.  )  Quantitative  information  on  human  reaction  to  angular  rates  is 
scant  although  current  studies  may  lead  to  useful  conclusions  in  this  area. 
It  is  the  opinion  of  the  authors  that  use  of  angular  rate  criteria  at  this  time 
would  be  unjustified.  Of  more  importance  are  the  angular  accelerations 
which  contribute  to  the  accelerations  at  the  pilot's  fuselage  station.  In 
general,  the  tendency  is  to  reduce  the  total  accelerations  because  of  the 
resultant  pitching  action  of  a  statically  stable  vehicle. 

1.  Tolerance 

The  best  available  information  on  human  reaction  to  complex  vibra¬ 
tions  encountered  in  flight  through  rough  air  is  contained  in  Ref  5.  For 
purposes  of  data  analysis,  this  reference  groups  acceleration  levels  into 
several  categories. 

The  following  generalizations  are  made  for  each  of  the  behavior 
categories  depicted  in  Figure  3: 

1.  Category  la:  Smooth  -  No  performance  impairment.  Lack  of 
stimulation  could  produce  lethargy. 

2.  Category  lb:  Practically  smooth  -  No  appreciable  performance 

impairment.  Precise  manipulations  are  performed  easily  and 
quickly. 
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Figure  3.  Behavior  Categories 

Category  2a:  Mild  light  -  Most  tasks  are  performed  easily.  Inter¬ 
ference  with  precise  manipulations  such  as  writing,  is  noticed,  but 
is  not  appreciable. 

Category  2b:  Light  -  Effects  may  be  bothersome  at  upper  levels, 
but  do  not  marked’y  interfere  with  the  performance  of  most  tasks. 
Marked  interference  occurs  with  precise  tasks  such  as  writing. 
Category  3:  Light  to  moderate  -  In  cockpit  psychomotor  coordin¬ 
ations  suffer  an  increased  decrement  in  this  category,  with  a 
marked  increase  in  time  to  read  and  adjust  instruments.  The  task 
of  controlling  the  airplane  requires  a  considerable  portion  of  the 
pilot's  attention. 

Category  4:  Moderate  -  Instruments  become  difficult  to  read, 
and  manipulations  with  the  outstretched  hanu  are  quite  difficult  at 
the  upper  levels  of  this  category.  As  the  upper  levels  are  ap¬ 
proached,  it  becomes  necessary  to  support  the  arms  on  the  legs 


or  brace  them  in  some  manner  in  order  to  avoid  inadvertent  stick 
movements. 

?.  Category  5:  Moderate  to  severe  -  Manipulations  other  than  those 
with  the  stick  and  throttle  are  practically  impossible,  and  control 
of  the  aircraft  requires  the  full  attention  of  the  pilot  to  the  virtual 
exclusion  of  glances  inside  the  cockpit.  Pilot  control  of  the  air¬ 
craft  becomes  increasingly  marginal. 

8.  Category  6:  Severe  -  Pilot  control  is  submarginal  a  considerable 
portion  of  the  time.  The  pilot  takes  a  severe  physical  pounding, 
and  exposure  of  more  than  5  to  10  min  might  result  in  physiologi¬ 
cal  damage. 

The  preceding  categories  are  determined  by  the  number  of  exceed¬ 
ances  of  various  acceleration  levels,  (peaks),  in  1  sec.  This  value  for  a 
Gaussian  random  process  is  approximated  by  the  formula 
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A  discussion  of  this  formula  and  its  relationship  to  the  power  spectral  den¬ 
sity  is  included  in  Ref  1.  Study  data  are  interpreted  in  terms  of  this  cri¬ 
terion  to  allow  greater  appreciation  for  alleviation,  sensitivity,  and  gust 
velocity  parameters. 

2,  Endurance 

Pilot  endurance  of  accelerations  as  a  function  of  flight  duration  has 
been  investigated  by  Cornell  Aeronautical  Laboratory,  Inc.  and  the  Columbus 

Division  of  North  American  Aviation,  Irip.  The  results  of  these  studies  in 

/ 

terms,  of  pilot  proficiency  as  a  function  of  mission  duration  and  rms  g  levels 
is  sliown  in  Figure  4. 

The  endurance  herein  is  calculated  on  constant  vehicle  velocity,  and 
sensitivity  values  based  on  a  mean  weight  airplane  (half-fuel  load).  The 
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Figure  4.  Endurance  Boundaries 

actual  sensitivity,  varying  inversely  with  weight,  would  be  lower  at  the 
beginning  of  the  mission  and  higher  toward  the  end.  The  mean  value  gives 
a  good  indication  of  probable  endurance. 

The  frequency  content  of  the  acceleration  spectrum  is  also  an  import¬ 
ant  factor  in  the  determination  of  tolerable  vibration  levels,  and  the  data 
in  Figure  4  must  be  qualified.  The  rms  values  indicated  are  based  on 
spectra  corresponding  to  the  frequency  response  of  a  rigid  airplane  hav¬ 
ing  a  well  damped  short  period  natural  frequency  of  about  0.  8  cps. 

PERFORMANCE 

For  a  given  flight  speed,  weight,  and  full  load,  the  range  of  an  air¬ 
craft  is  inversely  proportional  to  the  drag.  The  range  ratio  of  the  al¬ 
leviated  vehicle  to  the  unalleviated  one  can  be  expressed  as 
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With  this  equation  no  fuel  load  reductions  are  considered  necessary  be¬ 
cause  of  the  added  weight  of  a  system.  Calculations  of  range  variation 
resulting  from  any  necessary  weight  changes  and  subsequent  fuel  supply 
reduction  are  also  calculated,  For  those  systems  which  involve  continual 
surface  deflections,  drag  due  to  the  surface  motion  is  taken  into  account. 

STABILITY  AND  CONTROL 

Reference  6  requires  that  short  period  damping  shall  be  such  that  the 
normal  acceleration  response  to  a  stick  impulse  shall  damp  to  one-tenth 
amplitude  in  one  cycle;  i.  e.  ,  have  a  damping  ratio,  £  ,  greater  than  0.34. 
Normal  stability  augmentation  system  design  requirements  are  more 
stringent;  a  much-used  criterion  corresponding  roughly  to  that  resulting 
from  CAL  studies  is  shown  in  Figure  5.  Also  shown,  are  results  of 
handling  qualities  investigations  conducted  at  North  American  Aviation, 

Inc.  ,  Columbus  Division,  indicating  that  pilot  preferences  allow  a  much 
looser  criteria  in  the  higher  frequency  areaB.  Below  0.9  cps,  the  results 
agreed  well  with  CAL  data.  Above  0.9  cps,  the  pilot  acceptance  boundary 
was  a  line  of  constant  time  of  one  sec  to  damp  to  one -tenth  amplitude, 
independent  of  actual  damping  ratio.  The  incorporation  .of  an  alleviation 
system  should  not  seriously  degrade  the  rise  time  or  steady-state  value 
of  the  response  to  stick  commands. 

STRUCTURAL  EFFECTS 

A  gust  alleviation  system  may  adversely  affect  the  vehicle  aeroelas- 
tic  modes  and  effects  on  flexibility  should  be  considered.  Added  airframe 
stress  resulting  from  alleviation  system  incorporation  and  subsequent 
necessary  structural  weight  changes  are  estimated. 

WEIGHT 

The  total  weight  penalty  attributable  to  a  gust  alleviation  system  is  a 
consequence  of  (1)  weight  difference  caused  by  incorporation  of  the  system 
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Figure  5.  Short  Period  Damping  and  Frequency  Criterion 
itself,  and  (2)  possible  structural  weight  increases.  It  is  also  conceiv¬ 
able  that  a  decrease  in  vehicle  structural  weight  may  be  permissable  with 
a  reduction  of  the  gust  loads  and  consequent  design  to  a  lower  load  factor, 

COST 

The  relative  cost  for  each  alleviation  system  has  been  estimated. 
Maintenance  cost  was  also  considered. 

RELIABILITY  AND  FAIL-SAFETY 

System  reliability  figures  are  calculated  wherever  possible.  Equip¬ 
ment  mechanizations  are  considered  to  take  maximum  advantages  of 
state-of-the-art  techniques  for  enhancing  reliability  and  fail-safety.  Some 
of  these  techniques  are  presented  in  Ref  6. 
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BASE -POINT  AIRPLANE 


An  aircraft,  called  the  base-point  airplane  (BPA),  was  designed 
to  perform  a  LAHS  surveillance  mission  and  to  provide  the  basis  for 
system  comparison. 

SPECIFICATIONS 

The  aircraft  specifications  for  this  study  are  defined  as  follows: 

1.  At  sea  level  maximum  velocity  will  occur  at  Mach.  0.  9. 

2.  At  500-ft  altitude  cruise  velocity  will  occur  at  Mach  .0.  4. 

3.  Cross  weight  is  18,  000  lb. 

4.  Takeoff  distance  over  50-ft  obstacle  is  2,000  ft. 

5.  Maximum  load  factor  is  7.  33. 

6.  Surveillance  equipment  weight  is  1500  lb. 

7.  Two  engines. 

8.  Two -man  crew. 

AIRCRAFT  MISSION 

The  aircraft  mission  consists  of  the  following: 

1.  Cruise  to  and  from  the  surveillance  site  will  occur  at  Mach  0.4 
at  an  altitude  of  500  ft  for  approximately  300-naut  mi  radius. 

2.  Dash  at  the  surveillance  site  will  occur  at  Mach  0;  9  at  an  altitude 
of  500  ft  for  20  min. 

GEOMETRY 

The  geometry  of  the  BPA  is  illustrated  in  Figure  6  and  listed  in 
Table  1.  The  BPA,  although  not  optimized,  provides  a  reasonable  and 
conventional  design. 

Handling  qualities  at  all  flight  speeds  for  a  wide  range  of  center  of 
gravity  travel  are  indicated  in  Figure  7.  These  handling  qualities  are 
acceptable  within  the  criteria  of  Ref  7. 

The  gust  sensitivity  of  the  BPA  as  a  function  of  Mach  number  is 
shown  in  Figure  8. 
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Figure  6.  Base- 

Point  Aircraft  (BPA) 

Table  1. 

BPA  Geometry 

Wing  area 

277.0 

Aspect  ratio,  wing 

4.0 

Taper  ratio 

0.  5 

Sweep  of  C/2 

0 

Airfoil  section 

64A206 

Wing  span 

33.3 

Chord,  root 

11. 1 

Chord,  tip 

5.55 

Chord,  mean  aerodynamic 

8.625 

NATURAL,  FREQUENCY  ^  fm  —  CYC/SEC 


ALLEVIATION  THROUGH  AIRCRAFT  DESIGN 


Examination  of  Eq  2  will  serve  to  illustrate  how  the  basic  aircraft 
characteristics  can  be  altered  to  provide  a  reduction  in  gust  sensitivity. 

It  can  be  seen  that  a  reduction  in  vehicle  forward  velocity  results 
in  a  decrease  in  gust-induced  loading.  In  addition,  the  dynamic  response 
is  altered,  so  that  the  resultant  sensitivity  is  not  exactly  a  linear  function 
of  velocity. 

An  increase  in  altitude  (reduction  of  p  )  also  results  in  a  loading 
reduction.  This  effect  is. independent  of  the  fact  that  the  turbulence 
decreases  in  intensity  with  increasing  altitude. 

Other  important  parameters  that  can  directly  result  in  load  reduc¬ 
tions  are  increased  wing  loading  (W/S)  and  decreased  lift  curve  slope 
Ci  The  lift- curve  slope  of  an  aircraft  is  determined  primarily  by 
the  planform,  airfoil  section  and  flexibility  of  the  wing.  The  aircraft 
wing  loading  for  a  given  aircraft  weight  is  directly  related  to  the  wing 
area.  As  previously  mentioned,  changes  in  wing  loading  or  lift  curve 
slope,  in  an  attempt  to  reduce  the  gust  sensitivity,  are  incompatible 
with  performance  at  low  dynamic  pressure  conditions  where  a  large  lift 
coefficient  is  required.  Passive  systems  that  alter  the  vehicle  geometry 
in  flight  are  attempts  to  provide  alleviation  through  changes  in  one  or 
both  of  th<-:se  parameters. 

Changes  in  aircraft  dynamic  stability,  i,  e.,  variations  in  f  and 
a»n,  also  result  in  alteration  of  the  gust  response.  The  gust  sensitivity 
of  a  vehicle  havir>?  the  BPA  chars.cteristics  and  variable  short  period 
dynamics  is  illustrated  in  Figure  9.  Note  that  decreased  sensitivity  is 
achieved  through  an  increase  in  the  short  period  natural  frequency  and/or 
an  increase  in  damping. 
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DAMPING  RATIO 


8J-4M-9 

Figure  9.  Gust  Sensitivity  of  BPA  Having  Variable 
Short  Period  Characteristics 

Short  period  frequency  is  determined  primarily  by  Ma  ,  the 
equivalent  of  static  margin.  The  higher  static  margin  vehicle  pitches 
more  rapidly  into  the  relative  wind,  thus  nullifying  the  change  in  lift 
more  quickly.  The  faster  response  vehicle  provides  a  more  noticeable 
reduction  in  total  accelerations  at  positions  forward  of  the  center  of 
gravity.  As  a  result,  pilot  proficiency  improves  with  increase  in  static 
margin. 

Changes  in  aircraft  design  to  effect  alleviation  through  improved 
damping  do  not  readily  result  in  the  expected  sensitivity  reduction. 

This  is  true  since  the  damping  ratio  is  determined  primarily  by  M^. 
Therefore,  a  change  also  occurs  in  the  numerator  of  Eq  2  which  tends 
to  offset  the  improvement  gained  bv  increased  damoins?. 

A  W 
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Damping  ratio  changes  can  also  be  effected  through  a  change  in 
.  Increases  in  this  parameter  are  obtainable  through  design  in¬ 
volving  lengthening  of  the  tail  moment  arm  and  a  corresponding  reduc¬ 
tion  in  horizontal  tail  surface  area. 

It  should  also  be  pointed  out  that  decrease  in  the  lift  curve  slope 
will  also  decrease  the  damping  ratio,  although  the  change  in  the  latter 
has  a  much  less  significant  effect  on  sensitivity  than  has  the  static  change. 


PITCH  DAMPERS  AND  AUTOPILOTS 


Autopilots  and  pitch  dampers  or  stability  augmentation  systems  (SAS) 
are  considered  as  active  system  techniques  which  artificially  alter  the 
aircraft  dynamic  response.  Pitch  dampers  and  SAS  utilize  inertial  sen¬ 
sors,  electronic  computation,  and  servo  actuators  to  augment  the  aircraft 
short  period  stability.  Autopilots,  in  addition  to  providing  short  period 
stabilization,  employ  outer-loop  or  pilot  relief  modes  such  as  attitude  hold, 
altitude  hold,  Mach  hold,  and  automatic  terrain  following.  The  alteration 
in  short  period  response  as  provided  by  these  systems  may  alleviate  or 
aggravate  the  response  due  to  gusts. 

For  aircraft  operating  over  an  extreme  range  of  flight  conditions,  a 
SAS  must  either  be  designed  specifically  for  the  vehicle,  or  must  contain 
adaptive  ability,  i.  e. ,  the  ability  to  alter  the  control  system  parameters 
as  a  function  of  the  environment  or  measured  response.  Most  SAS  utilize 
a  pitch  rate  signal  as  obtained  from  a  rate  gyro  to  control  the  elevator  for 
improved  damping.  Normal  design  employs  short-period  criteria  such  as 
that  indicated  in  Figure  5  (CAL  studies). 

A  pitch  SAS  that  would  result  in  acceptable  qualities  is  shown  in  func¬ 
tional  form  in  Figure  10.  This  system  employs  a  compensated  pitch  rate 
signal.  The  compensation  employed  was  not  necessarily  optimum,  but 
is  used  to  indicate  the  normally  desired  trend  of  SAS  design,  and  to  allow 
evaluation  as  a  gust  alleviator.  The  choice  of  compensation  allowed  eval¬ 
uation  over  a  large  range  of  static  margin. 

The  cancellor  or  washout  circuit  employed  on  the  rate  gyro  output 
serves  to  wash  out  or  eliminate  the  steady- state  pitch  rate  value  from  the 
feedback  signal,  thus  allowing  maneuverability.  The  washout  time  constant 
must  be  short  enough  to  allow  the  commanded  rate  to  be  reached  within  a 
reasonable  time,  yet  long  enough  so  as  not  to  interfere  with  the  short- 
period  stability.  This  can  be  accomplished  for  the  BPA  with  a  2-sec  time 
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Figure  10.  Pitch  Stability  Augmentation  Sy  stem 

constant.  Vehicles  having  a  short  period  response  that  would  be  adversely 
affected  by  a  short  time  constant  are  forced  to  employ  control  stick  pick- 
offs  in  addition  to  a  longer  term  washout. 

The  root  loci  plots  of  Figure  11  illustrate  the  change  in  damping  and 
frequency  obtainable  with  the  SAS  for  5  percent  and  20  percent  static  mar¬ 
gin  vehicles  as  a  function  of  the  gain,  K^. 

The  increase  in  damping  afforded  by  the  SAS  is  accompanied  by  a 
decrease  in  the  natural  frequency.  Hence,  little  or  no  alleviation  occurs 
(see  Figure  9). 

An  alternate  approach  to  stability  augmentation  and  alleviation  would 
appear  to  be  the  feedback  of  a  pure  pitch  rate  signal.  The  locus  plot  of 
Figure  12  illustrates  that  an  increase  in  natural  frequency  would  result 
with  no  change  in  damping  ratio.  This  would  appear  to  effect  a  sensitivity 
reduction.  Unfortunately,  pitch  rate  feedback  acts  in  the  same  way  as  a 
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change  in  Mqand  the  numerator  of  Eq  2  is  also  altered,  resulting  in 
little  or  no  change  in  sensitivity. 

Autopilots  provide  the  same  sort  of  change  in  short  period  dynamics. 
Most  other  outer  loop  commands  operate  under  slowly  changing  conditions, 
and  therefore,  affect  the  gust  response  negligibly.  An  exception  to  this 
may  be  the  case  of  an  automatic  terrain  following  mode.  Terrain  following- 
gust  alleviation  compatibility  appears  to  be  an  area  worthy,  of  further  inven- 
tigation. 

Autopilots  or  dampers  operating  with  normal  acceleration  in  conjunc¬ 
tion  with  pitch  rate  are  a  design  possibility.  Acceleration  feedback  acts  . 
to  alter  frequency  and  damping  with  no  change  in  the  numerator  of  Eq  2. 
Acceleration  feedback  to  the  elevator  alone  tends  to  be  destabilizing, 

'  particularly  so  for  the  BPA,  and  some  form  of  pitch  rate  is  heeded  for 
gopd  stability.  Overall  alleviation  obtained  with,  such  a. system  may  be 
better  than  a  pitch  rate  system,  however,  significant  changes  are  unlikely 
to  occur. 

Systems  employing  rpechanical  damping,  such  as  the  mass-overbal¬ 
anced  elevator  of  Ref  8,  provide  essentially  the  same  results. 
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ACCELERATION  CONTROL 


Some  proposed  alleviation  systems  have  used  normal  accelerom¬ 
eter  sensing  and  flap  deflection  to  provide  gust  alleviation.  Flap-produced 
pitching  moments  can  be  significant,  and  moment  countering  is  necessary. 
The  generated  moment  is  a  function  of  the  center  of  pressure  and  center 
of  gravity  locations,  and  also,  of  the  flap  deflection  and  rate.  Only  very 
small  gains  and  flap  deflections  are  possible  with  a  flap-only  system. 

With  this  system,  phugoid  motion  easily  becomes  excited. 

A  frequently  proposed  gust  alleviation  system  (Ref  9  and  10)  employs 
vertical  acceleration  feedback  to  both  flaps  and  elevators.  Non- differentially 
deflecting  ailerons  may  be  used  in  place  of  flaps.  The  two  surface  acelera- 
tion  system  is  shown  in  Figure  13.  Proper  moment  countering  is  obtained 

with  a  ratio  of  gains,  /KN  equal  to  M*  /M  .  .  The  moment  due 
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to  deflection  rate  is  small. 


Figure  13.  Normal  Acceleration  Alleviator 


If  the  accelerometer  is  mounted  at  the  center  of  gravity,  the  gust 
response  equation  is  altered  to 


(10) 

Because  the  moment  ratio  is  a  function  of  aircraft  velocity,  best  results 
at  constant  gain  may  be  realized  at  only  one  condition  of  flight.  The  ad¬ 
justment  can  be  made  for  the  high-speed  case  where  sensitivity  is  highest, 
providing  the  system  remains  effective  (though  not  optimum)  for  lower 
speeds.  The  damping  ratio,  £  ,  changes  as  a  function  of  but  the 

Zp 

frequency  «n  remains  essentially  as  for  the  basic  aircraft,  providing  the 
gain  ratio  is  maintained.  Figure  14  is  a  root  locus  plot  for  the  system  with 
SAS  used  to  regain  damping. 


Figure  14.  Short  Period  Loci,  Normal  Acceleration 
and  Stability  Augmentation  System 
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The  alleviation  provided  by  a  theoretical  normal  acceleration  feed¬ 
back  system,  i.  e.  ,  linear  with  unity  sensor  and  actuation  dynamics, 

should  continuously  increase  as  a  function  of  Kpj  ,  except  for  the  change 

ZF 

contributed  by  the  reduction  in  damping.  This  static  decrease  in  sensi¬ 
tivity  is  shown  in  Figure  15  as  a  function  of  K*. 

ZF 

The  effect  of  the  damping  change,  servo,  and  sensor  dynamics  are 
also  shown  in  Figure  15.  Inclusion  of  linear  sensor  and  servo  dynamics 
alters  the  sensitivity  very  little  at  low  gain.  Variation  in  linear  flap 
servo  dynamics  over  a  wide  range  showed  little  effect  on  the  alleviation 
capabilities  of  the  system.  At  high  gains,  servo  dynamics  play  a  more 
important  role.  The  SAS  has  little  effect  on  the  sensitivity. 

A  linear  servo  response  necessarily  assumes  some  maximum  dis¬ 
placement.  Increased  amplitudes  of  commanded  motion  with  no  change  in 
frequency  must  eventually  result  in  actuator  rate  limiting.  Flap  power 


Figure  15.  Sensitivity  vs  Gain  of  Theoretical  and  Actual  Normal 
Acceleration  System  Mach  0. 9*  5  Percent  Static  Margin 
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servo  rate  limiting  becomes  pronounced  at  high  gust  velocities  with  high 
system  gains.  A  high  gain  system  provides  better  alleviation  at  l>w  gust 
velocities,  but  results  in  both  sensitivity  and  stability  problems  at  higher 
gust  velocities.  A  low  gain  system,  while  less  effective  as  an  alleviator, 
assures  significant  sensitivity  reduction  well  beyond  the  thunderstorm 
range. 

Elevator  deflections  and  rates  are  sufficiently  small,  in  that  no 

problems  arise  from  elevator  servo  non-linearities. 

The  product  Zj  is  an  important  factor  in  determining 

F  F 

alleviation  capability  as  seen  from  Equation  10.  Since  the  value  of 

is  limited  by  the  non-linear  servo  effects  as  discussed,  it  would  appear 

that  the  largest  control  force  possible  (Z*  )  would  be  the  most  desirable. 

VF 

.This  implies  the  use  of  larger  surfaces  which  result  in  a  reduction  of 
servo  rate,  and  consequently  in  a  lower  value  of  Kjq 

ZF 

Maneuverability  and  response  to  pilot  commands  is  best  obtained  if 
an  artificial  stick  feel  system  is  used  wherein  g-load  commands  are  pro¬ 
portional  to  the  applied  control  stick  force.  Alleviation  is  accomplished 
about  the  maneuver  commands. 


ANGLE  OF  ATTACK  CONTROL 


A  system  employing  a  type  of  wind  flow  sensor  to  generate  an  error 
signal  for  flap  and  elevator  commands  has  been  presented  in  Ref  11  and 
12.  The  sensors  studied  have  been  either  a  vane  or  a  pressure-probe, 
usually  mounted  on  a  nose  boom.  Both  serve  to  generate  a  signal 
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where 

1 

1  +  -—£•  approximates  the  gust  transportation  lead,  e8t 

The  functional  diagram  for  such  a  system  is  shown  in  Figure  16.  The 
steady  component  of  angle -of-attack,  O  Q,  must  be  cancelled  out  so  that 
changes  in  the  trim  angle -of-attack  with  velocity  or  weight  will  have  no 


Figure  16.  Angle  of  Attack  Alleviator 


effect  on  the  sensed  signal.  The  effect  of  this  system  on  the  gust  response 

equation  is  not  as  apparent  as  for  the  accelerometer  system.  In  general, 

♦ 

the  Ol  and  0  terms  alter  the  dynamic  respcnse  and  the  Ofg  term  tends  to 
minimize  the  numerator.  As  for  the  system,  the  sensed  signal  is 
used  to  actuate  the  flaps  and  elevator.  As  long  as  the  gain  ratio  /K« 

is  varied  and  maintained  equal  to  the  surface  moment  ratio  /Ma  ,  a 

F  £ 

single  value  of  flap  gain  =  4.  5)  will  serve  to  provide  good  alleviation. 

F 


The  results  hold  throughout  the  aircraft  velocity  range.  Figure  17  illus¬ 
trating  the  effect  of  varying  the  gain  ratio  at  M  =  0.  9  and  M  =  0.  725,  shows 
that  no  single  gain  ratio  will  serve  over  the  flight  speed  regime.  In  fact, 
no  constant  ratio  will  result  in  a  stable  system  over  the  range  of  velocities. 

With  the  gain  ratio  adjusted  for  optimum  operation  at  Mach  0.  9  and 
stability  augmentation  added,  damping  at  lower  aircraft  velocities  remains 
far  from  optimum.  Higher  gaining  on  the  pitch  rate  signal  as  an  attempt 


Figure  17.  Angle  of  Attack  System,  Sensitivity  and  Short 
Period  Damping  Ratio  vs  Gain  Ratio 
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to  provide  ir.icreaf  d  low- speed  damping  results  in  poorly  damped  or 
unstable  servo  modes.  In  addition,  the  short  period  response  at  Mach  0.9 
becomes  seriously  degraded,  becoming  highly  overdamped.  It  is  con¬ 
ceivable  that  a  SAS  could  be  designed  to  provide  satisfactory  short-period 
characteristics  for  all  flight  conditions.  The  stabilization  difficulties, 
nevertheless,  appear  to  be  an  inherent  deficiency  of  the  angle -of-attack 
system  if  significant  vehicle  velocity  ranges  are  to  be  satisfied. 

A  noteworthy  advantage  of  the  angle-of-attack  sensing  system  is  its 
relative  independence  of  servo-rate  limiting.  Control  surface  motion  is 
less  with  the  angle-of-attack  system  than  for  the  acceleration  system. 

This  can  be  attributed  to  the  lead  provided  by  sensor  location  at  the  nose. 
Improved  alleviation  is  also  attributed  to  the  inherent  lead.  If  the  sensor 
were  located  near  the  center  of  pressure,  the  sensitivity  would  be  increased 
by  15  percent  at  Mach  0.  9  and  by  25  percent  at  Mach  0.  4. 

A  washout  on  the  probe  or  vane  nignal  cannot  be  successfully  em¬ 
ployed  to  provide  desired  handling  qualities.  The  short  time  constant 
required,  adversely  affects  the  present  stability  problem.  Longer  time 
constants  interfere  with  the  ability  to  sense  low-frequency  gusts.  An 
integrating  actuator  or  other  type  canceller  is  needed  for  trim. 

Stick  pickoffs  provide  a  possible  method  of  obtaining  pilot  control, 
but  gaining  and  possible  shaping  of  stick  force  or  displacement  pickoff 
signals  are  functions  of  the  flight  conditions.  Optimization  for  a  particular 
flight  case  could  be  obtained,  but  control  over  a  range  of  conditions  would 
be  compromised. 


SIMULATED  GUST  SYSTEM 


Several  active  gust  alleviation  schemes  that  have  been  considered 

and  discussed  attempt  to  simulate  the  actual  gust.  Most  analyses  have 

employed  a  signal  corresponding  to  ®  .  The  systems  of  Ref  13  and  14 

K 

fall  into  this  category.  A  combination  of  inertial  sensors  and  surface 
pickoffs  can  be  employed  for  gust-signal  simulation.  The  lift  and  moment 
equations  are  solved  simultaneously,  and  the  approximate  equation  ob¬ 
tained  as 
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The  lagged  6  term  here  is  a  low  frequency  approximation  ofCt.  Wind- 
flow  and  inertial  sensors  may  be  used  to  obtain 
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<0t  is  approximated,  either  by  lagged  0  as  above, 

or  by  programing  as  a 

function  of  airspeed  as  follows: 

Since 

f  N  dt  =  V  sin  y 
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(14) 

and 

y  =  e  -  oe 

(15) 

then  for  small  angles 


(16) 


Rate  gyros  are  usually  employed  and  approximately  integrated  to  ob¬ 
tain  0.  The  integration  of  Nz  is  also  an  approximate  integration.  Program¬ 
ing  as  a  function  of  airspeed  introduces  some  error  since  the  velocity  term 
involved  here  Is  actually  an  inertial  or  grounds  peed. 
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The  gust  transportation  lead  is  neglected  in  this  equation.  A  time 
delay  may  be  used  on  the  control  signal  for  equalization.  The  time  delay 
must  also  be  programed  as  a  function  of  airspeed  for  operation  over  a 
range  of  flight  conditions. 

The  simulated  gust  signal  approach  theoretically  results  in  the  ideal 
gust  alleviator.  Alleviation  is  accomplished  by  surface  commands  from 
this  signal,  however,  no  change  occurs  in  the  basic  vehicle  stability  or 
response  to  control  inputs.  This  point  can  be  seen  if  a  matrix  is  formed 
of  the  airframe  perturbation  equations  of  motion  and  the  control  system 
equations,  and  the  closed  loop  transfer  function  obtained  by  matrix  expan¬ 
sion.  The  closed  loop  gust  response  is  seen  to  be  of  the  form 
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where  Fj  and  F^  are  the  mechanized  gains  and  shaping  that  operate  on  the 
control  signals.  This  expansion  assumes  perfect  simulation  of  the  gust. 
The  subscripts  CL  and  OL  denote  closed  loop  and  open  loop  respectively. 
Since  the  denominators  of  each  of  the  open  loop  transfer  functions  is  the 
system  characteristic  equation  that  determines  stability,  it  is  obvious  that 
the  control  system  does  not  alter  the  stabilization  characteristics. 

Through  a  similar  expansion  it  can  be  seen  that 
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and  thus  the  response  to  control  stick  inputs  is  also  unaltered. 

The  question  of  alleviation  capability  remains  to  be  answered.  Set¬ 
ting  Eq  17  equal  to  zero  and  solving  for  F^  and  F^  yields  system  param¬ 
eters  necessary  for  perfect  alleviation.  Two  basic  fallacies  exist  with  such 
a  development: 

1,  The  system  parameters  determined  are  a  function  of  flight  condi¬ 
tion. 
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2.  The  parameters  are  obtained  by  what  amounts  to  forcing  the 
difference  of  two  large  numbers  equal  to  zero. 

Thus,  a  small  error  can  result  in  a  large  differential,  consequently,  the 
amount  of  alleviation  obtainable  with  such  a  system  becomes  a  critical 
function  of  system  parameters  and  tolerances.  In  addition,  the  aerody¬ 
namic  parameters  which  combine  to  make  up  the  transfer  functions  are 
usually  determined  by  wind  tunnel  tests  and  are  accurate  only  to  within 
approximately  20  percent. 

System  parameters  were  determined  for  the  BPA  on  this  basis  and 
a  subsequent  analog  computer  simulation  was  conducted.  As  a  basic  test, 
the  actual  gust  input  utilized  for  disturbance  was  also  used  as  a  control 
signal.  The  resultant  sensitivity  as  a  function  of  the  elevator  signal  gain 
is  shown  in  Figure  18.  The  critical  characteristics  are  obvious,  the  sys¬ 
tem  is  extremely  gain  sensitive. 


Figure  18.  Sensitivity  vs  Gain -Simulated  Gust  System 
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Simulation  of  the  Mach  0.  4  flight  condition,  coupled  with  the  control 
system  parameters  determined  for  Mach  0.  9,  actually  resulted  in  aggra¬ 
vation  rather  than  alleviation. 

The  authors'  conclusion  is,  while  the  simulated  gust  approach  allows 
maximum  alleviation  with  known  and  fixed  airframe  dynamics,  its  use 
under  practical  conditions  is  questionable.  It  is  highly  probable  that  good 
alleviation  could  be  obtained  over  a  small  range  of  flight  conditions  with 
the  use  of  empirical  adjustments  as  determined  in  flight  test.  Alleviation 
over  a  limited  flight  regime  is  possible  with  a  number  of  systems  and  the 
high  degree  of  sophistication  appears  to  preclude  this  scheme  from  use. 

The  system  appears  to  lend  itself  ideally  to  an  adaptive  approach, 
and  hence,  operation  over  a  wide  flight  regime.  This  approach  provides 
several  interesting  aspects  for  further  investigation. 


FOLDING  WING 


The  passive  system  concept  of  folding  a  portion  of  each  wing  tip  of 
an  aircraft  when  gusts  are  encountered  has  as  its  objective  a  reduction 
of  the  aircraft’s  gust  sensitivity  through  a  decrease  in  the  exposed  wing 
area  (increased  W/S),  and  a  reduction  of  wing  aspect  ratio  (decreased  CL^). 
The  effective  aspect  ratio  'f  a  folded  wing,  which  determines  its  aero¬ 
dynamic  characteristics,  is  not  the  same  as  its  geometric  aspect  ratio 
because  of  the  end-plating  effect  of  the  folded  tips  on  the  load  carrying 
portion  of  the  wing.  Little,  if  any,  change  is  indicated  in  the  effective 
aspect  ratio  except  for  extreme  taper  ratios.  This  relative  independence 
of  CT  on  wing  folding,  when  based  on  projected  wing  area,  is  apparently 
the  case  for  partial  wing  folding  (tip  dihedral).  Since  there  is  no  reduction 
of  Ct  with  wing  folding,  the  only  gust  alleviating  capabilities  of  this 
system  result  from  increased  wing  loading  and  altered  dynamic 
characteristics . 

Evaluation  of  the  gust  sensitivity  with  folded  wing  tips  was  conducted 
for  an  assumed  folding  of  the  outboard  40  percent  of  the  wing  span.  The 
configuration  is  thereby  altered  as  shown  in  Figure  19.  The  projected 
wing  area  is  188.5  sq  ft,  a  32-percent  reduction  from  that  of  the  BPA 
with  wing  unfolded. 

The  structural  weight  penalty  (0.035  x  gross  weight)  estimated  is 
considered  and  compensated  for  by  a  corresponding  decrease  in  the 
available  fuel.  If  the  20-min  dash  occuring  at  Mach  0.9  is  performed 
with  the  wing 8  folded,  and  the  cruise  portion  of  the  mission  is  flown  at 

ft  A  fU a.  uitmrra  in  tV>»in  nosition.  there  will  be  a 

21-percent  resultant  decrease  in  aircraft  range. 

It  should  be  noted  that  whereas  folding  the  wing  tips  decreaaes  the 
aircraft’s  sensitivity  to  vertical  gusts,  the  sensitivity  to  lateral  gusts 
is  increased  because  of  the  larger  vertical  surface  area. 
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TELESCOPING  WING 


The  telescoping  wing  system  retracts  a  portion  of  the  normal  wing 
tip  into  the  inboard  wing  contour  without  any  influence  on  the  aircraft's 
aerodynamic  characteristics.  The  objectives  in  this  case  are  a  decrease 
of  the  exposed  wing  area  (increased  W/S),  and  a  reduction  of  wing  aspect 
ratio  (decreased  Cj^  )• 

Application  of  wing  telescoping  alters  the  geometric  aspect  ratio 
and  wing  area  in  the  same  manner  as  wing  folding.  The  geometric 
aspect  ratio  in  this  case  is  also  the  effective  aspect  ratio. 

The  BPA  with  telescoping  wing  was  evaluated  for  gust  sensitivity 
with  an  assumed  telescoping  of  the  outboard  40  percent  of  the  wing. 

This  allows  10  percent  of  the  wing  to  house  the  telescoping  mechanism. 
The  altered  configuration  is  shown  in  Figure  20. 


Figure  20.  Teles  coping -Wing  Aircraft  (TW) 


The  higher  induced  drag  with  telescoped  wing  at  Mach  0.4  is  detri¬ 
mental  to  aircra£t  range  whereas  the  reduced  profile  drag  at  Mach  0.9 
results  in  increased  range  capability  at  that  speed.  A  structural  penalty 
is  associated  with  the  ability  to  telescope  the  wings  (0.067  x  gross  weight). 
Reducing  the  fuel  load  and  maintaining  the  same  takeoff  gross  weight 
(18.000  lb),  there  is  a  net  loss  in  cruise  range  of  32  percent  even  with 
the  wings  extended  during  the  cruise  portion  of  the  mission.  This 
discussion  is  based  upon  the  assumption  of  no  discontinuities  in  wing 
contour  although  the  degree  of  error  caused  by  this  assumption  was 
considered  in  detail  in  the  study. 


VARIABLE  SWEEP  WING 


A  variable  sweep  wing  offers  several  possibilities  for  reducing 
gust  sensitivity.  The  wing  lift- curve  slope  can  be  decreased  due  to 
the  increased  sweep  angle  of  the  wing  and  its  reduced  aspect  ratio. 
The  possibility  exists  that  the  wing  area  can  be  reduced  by  using 
sweepback. 

The  BPA  has  been  assumed  to  incorporate  variable  sweep  as 
shown  in  Figure  21.  This  configuration  is  designated  VSj.  A  low 
aspect  ratio  (wide-chord)  wing  is  not  a  desirable  plan  form  for  vari¬ 
able  sweep  purposes,  and  is  used  here  only  for  comparison.  VSj 
requires  the  addition  of  a  wing  glove  at  the  leading  edge  and  a  rounded 
section  at  the  trailing  edge  of  the  inboard  portion  of  the  wing.  Sweep 
has  been  limited  to  60  deg  of  the  leading  edge  for  the  outboard  wing 
panel  and  45  deg  for  the  glove. 


Figure  21.  Variable  Sweep  Aircraft  (VS*) 
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The  higher  induced  drag  of  the  swept  version  is  detrimental  at 
cruise  Mach  numbers,  but  is  outweighed  by  the  profile  drag  reduction 
at  the  dash  speed.  More  economical  high-speed  flight  is  thus  possible 
with  the  wings  swept.  The  structural  weight  penalty  (0.048  x  gross 
weight),  when  compensated  for  by  a  reduced  fuel  weight,  decreases 
range  at  cruise  speed  by  21.5  percent. 

A  further  consideration  for  a  variable  sweep  configuration  is 
elimination  of  the  necessity  for  a  thin  wing.  If  the  wing  of  VSj  is  in¬ 
creased  in  thickness  from  6  to  12  percent,  the  wing  structural  weight 
decrease  will  enable  the  aircraft  to  carry  a  greater  fuel  load.  The 
range  decrease  is  21.5  percent  for  the  thin-wing  VSj  as  opposed  to 
9  percent  for  a  thick-wing  version.  The  range  decrement  now  is  due 
largely  to  the  increased  profile  drag  of  the  thicker  wing.  Takeoff  dis¬ 
tance  over  a  50-ft  obstacle  at  a  wing  loading  of  65  will  be  reduced  from 
2000  to  1740  ft. 

This  analysis  of  variable  sweep  can  prove  somewhat  misleading 
because  of  the  limited  applicability  of  this  concept  to  the  BPA  configura¬ 
tion.  In  order  to  indicate  the  more  desirable  characteristics  achieveable 
by  means  of  variable  sweep,  an  additional,  although  less  extensive, 
analysis  was  made  of  an  alternate  configuration.  For  this  purpose,  an 
entirely  new  wing  is  incorporated  on  the  basic  airplane,  and  the  configu¬ 
ration  is  designated  as  VSg.  Figure  22  illustrates  the  geometry  of  VSg. 
In  order  to  retain  some  basis  for  comparison,  the  wing  area  in  the 
unswept  position  (excluding  the  glove)  has  been  maintained  at  277  sq  ft. 

The  high  unswept  aspect  ratio  of  permits  considerable  sweep- 
back  of  the  wing  while  retaining  a  smooth  wing  contour  for  high  speed 
flight.  By  comparison  with  VS,,  the  increased  sweepback  of  VS2, 
reduced  swept  wing  aspect  ratio,  and  smaller  wing  area  are  conducive 
to  decreased'gust  sensitivity.  There  is  a  corresponding  reduction  in 
Za  of  55  percent,  indicating  a  gust  alleviation  potential  of  55  percent 
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Figure  22.  Variable  Sweep  Aircraft  (VS£) 

in  contrast  to  35  percent  for  VS^  calculated  on  the  same  basis.  Con¬ 
siderations  of  aircraft  dynamics  and  the  turbulence  spectrum  will 
reduce  these  percentages,  but  the  relative  comparison  should  remain 
substantially  the  same.  It  is  estimated  that  the  aircraft  structural 
weight  will  be  17  percent  greater  than  that  of  the  BPA.  With  a  20-min 
dash  occuring  at  Mach  0.9,  the  cruise  range  with  wings  unswept  is 
estimated  to  be  13  percent  less  than  that  of  the  B^pA, 

The  wing  planform  of  VS 2  provides  improved  low-speed  per¬ 
formance  over  the  BPA.  The  thicker  wing,  in  an  unswept  position, 
combined  with  the  higher  aspect  ratio  reduces  takeoff  distance  from 
2000  ft  to  1665  ft  i'or  the  same  gross  weight. 

Another  possible  design  approach  would  be  to  maintain  the  2000-ft 
takeoff  distance  and  decrease  the  wing  area  with  the  planform  of  VS2 
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unchanged.  The  resulting  configuration  will  exhibit  reduced  gust  sensi¬ 
tivity,  and  have  a  reduced  structural  weight  so  that  its  fuel  load  and 
range  will  be  greater  than  that  of  VSg*  The  possible  variable  sweep 
designs  are  sufficiently  numerous  to  require  further  study. 


FREE-FLOATING  SURFACES 


Many  gust  alleviating  concepts  can  be  classified  as  free-floating  or 
rotatable  surfaces.  This  classification  covers  those  systems  which  can 
release  a  portion  of  the  load- carrying  wing  surface  from  its  rigid  con¬ 
tinuity  with  the  remainder  of  the  wing  and  permit  it  to  float  freely  with 
the  relative  wind.  The  surfaces  released  can  be  the  trailing  edge  flaps, 
the  ailerons,  or  a  portion  of  the  main  wing,  generally  the  outer  span, 
specifically  constructed  to  permit  freedom  of  rotation  about  either  a 
spanwise  or  chordwise  hinge.  In  any  of  these  approaches,  the  basis  of 
the  concept  is  to  reduce  the  load-bearing  surface  area  in  the  presence  of 
gusts  (increased  W/S). 

A  sizeable  portion  of  the  wing  tips  conceivably  can  be  permitted 
freedom  to  rotate  about  a  chordwise  hinge  line  at  the  inboard  end  of  the 
releasable  tip.  In  calm  air,  the  tips  will  then  tend  to  float  at  some 
known  dihedral  angle,  determined  by  the  balance  between  the  moment  due 
to  the  weight  of  the  tip  and  ’  lift  on  the  tip.  The  maximum  achievable 
reduction  in  gust  sensitivity  b\  this  means  is  the  same  as  that  of  the  folding 
wing.  However,  since  turbulent  air  encompasses  both  up  and  down  gusts, 
the  resultant  tip  action  will  consist  of  a  limited,  and  essentially  equal, 
range  of  vibration  angles  about  its  normal  position.  £,nall  net  changes  in 
tip  dihedral,  about  10  deg,  have  relatively  little  effect  upon  the  overall 
wing  lift.  Consequently,  this  particular  concept  offers  little  potential  for 
gust  sensitivity  reduction. 

If  the  wing  tip  is  designed  to  float  freely  about  a  spanwise  hinge  line 
ahead  of  the  tip  aerodynamic  center,  its  maximum  potential  for  gust  allevi¬ 
ation  purposes  is  similar  to  that  of  the  folding  wing.  For  a  given  size  of 
wing  tip  effected  in  either  concept,  the  same  area  of  wing  will  be  unloaded. 
However,  the  presence  of  the  tip  whether  in  the  vertical  plane  as  for  the 


folded  wing,  or  the  horizontal  plane  as  for  the  rotating  tip,  will  serve  to 
end-plate  the  remainder  of  the  wing  and  thus  maintain  a  high  effective 
aspect  ratio.  The  rotating  tip  can  be  treated  as  a  full- chord  flap,  as 
shown  in  Eq  19, 

«=I*  >R  =  CL„  (1  -  K)  U9) 

where  K  is  a  function  of  tip  span. 

In  accordance  with  the  preceding  equation,  the  effective  lift  curve 
slope  with  different  extents  of  free-floating  tips  can  be  calculated.  The 
alleviation  factor  of  the  rotating  wing  tip  is  very  similar  to  that  of  the 
folded  wing  as  expected.  It  is  slightly  less  effective  than  the  folding  wing 
for  reasons  not  discussed  here.  It  is  also  noted  that  the  folded  wing  will 
have  less  drag  than  a  rotating  tip  of  equivalent  size.  A  weight  analysis 
of  a  40-percent  semi- span  rotating  tip  on  the  BPA  indicates  a  17 -percent 
increase  in  the  aircraft  structural  weight  in  contrast  to  an  11-percent  in¬ 
crease  for  the  folded  wing. 

The  analysis  indicates  that  the  rotating  wing  tip  concept  will  provide 
gust  alleviation  and  aircraft  performance  somewhat  similar,  but  inferior, 
to  that  achievable  with  a  folding  wing.  The  possibility  of  wing  tip  flutter 
also  exists. 
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DEFLECTORS  AND  SPOILERS 


The  passive  alleviation  method  of  projecting  a  spoiler  deflector, 
lower  surface  spoiler,  similar  to  split  flap,  from  a  wing  surface  will 
reduce  the  lift  curve  slope  of  the  wing  if  the  projection  is  at  a  forward 
chordwise  station  of  the  wing.  Spoilers  and  split  flaps  in  their  more 
commonly  used  locations,  70  or  80  percent  of  the  wing  chord,  do  not 
appreciably  effect  the  wing  lift  curve  slope. 

The  forward  located  spoiler  or  deflector  induces  flow  separation 
from  the  wing  surface  behind  it,  thereby  altering  the  airfoil  characteris¬ 
tics  and  effectively  reducing  the  section  lift  curve  slope,  C  .  Three 

dimensional  test  data  obtained  with  these  devices  in  a  forward  wing  loca¬ 
tion,  Ref  15  through  18,  have  been  analyzed  and  used  to  determine  the 

effect  of  deflectors  on  section  C  . 

La 

Devices  which  reduce  wing  lift  curve  slope  by  causing  flow  separa¬ 
tion  from  the  wing  also  introduce  additional  drag.  It  is  noteworthy  that  a 
spoiler  will  produce  some  negative  shift  of  the  lift  coefficient  at  which 

minimum  drag  occurs,  4  Cr  ,  whereas  a  deflector  will  produce  a  positive 

Xj 

shift. 

In  order  to  maintain  the  lowest  possible  drag  level  while  achieving 
maximum  alleviation,  it  appears  desirable  to  use  a  maxim. im  of  deflc  ;tor 
projection  with  a  minimum  of  deflector  span.  The  permissible  spanwise 
extent  of  the  deflector,  as  used  on  the  BPA,  is  limited  to  an  inboard  loca¬ 
tion,  0.45  b^,  that  will  not  result  in  excessive  buffeting  of  the  tail,  and 

an  outboard  location,  0.  65  b  ,  that  will  not  interfere  with  the  effective - 

w 

ness  of  the  aileron.  The  test  data  also  suggest  that  the  deflector  be 
located  well  forward  on  the  wing  where  the  drag  contrioution  is  less  but 
no  degradation  in  alleviating  capability,  ,  is  apparent. 
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Sensitivity  comparisons  of  the  BPA  with  and  without  deflectors 
projected  can  be  limited  to  consideration  of  tho  parameter,  Za  /gV, 
which  is  a  direct  function  of  the  changes  in  lift  curve  slope. 

Large  decrements  in  aircraft  range  capability  are  also  found  as 
a  consequence  of  the  dra0  introduced  by  the  deflectors.  The  indications 
are  that  reduced  maximum  flight  speeds  and  large  decreases  of  aircraft 
range  will  result,  with  relatively  little  reduction  in  sensitivity. 

The  preceding  discussion  has  been  based  upon  information  avail¬ 
able  for  forward-located  deflectors.  The  same  conclusions  are  generally 
applicable  to  similarly  located  spoilers  or  combinations  of  these  devices, 
with  or  without  associated  slots  in  the  wing.  It  is  evident  from  symmetry 
that  either  a  spoiler  or  a  deflector,  of  similar  size  and  location  on  a 

wing,  will  provide  identical  reductions  in  C.  and  increments  in  C 

L  D 

o 

Combinations  of  these  devices  will  lead  to  the  same  pattern  of  results. 
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MISCELLANEOUS 


A  number  of  possible  alleviation  techniques  that  have  received 
some  attention  are  briefly  presented  here. 

CHORD  WISE  WING  SLOTS 

The  concept, of  chordwise  slots  opened  at  one  or  more  spanwise 
stations  along  the  Wing  is  discussed  in  Ref  1 9 >  20,  and  21.  Simplifying 
assumptions  made  in  developing  the  theory,  and  the  lack  of  knowledge 
concerning  viscous  effects  and  slot  structural  carry-through  interferince 
effects,  suggest  that  theoretical  results  be  viewed  with  caution. 

The  opening  of  chordwise  slots  at  one  or  more  stations  along  the 
wing  span  permits  air  flow  from  the  lower  to  the  upper  wing  surface  at 
the  slot  when  the  aircraft  is  in  level  flight.  The  result  is  a  local  equali¬ 
zation  of  pressure  similar  to  that  normally  occurring  at  the  wing  tip. 

In  that  respect,  it  is  al^o  similar  to  an  aspect  ratio  reduction.  The  wing 
is  effectively  divided  into  wing  segments,  each  of  reduced  aspect  ratio, 
leading  to  a  net  decrease  in  wing  lift  curve  slope.  The  theory  indicates 
the  possibility  of  about  20-percent  gust  alleviation  for  an  aircraft  such 
as  the  BPA  on  the  basis  of  lift  curve  slope  reduction  alone. 

Associated  with  the  effect  of  chordwise  wing  slots  on  lift  will  be 
some  drag  increase  and  stability  changes.  These  effects  depend  consider¬ 
ably  upon  the  contouring  of  the  slots,  and  the  exposed  carry -through  wing 
structure . 

AIR  JET  SPOILERS 

-  Consideration  is  given  to  spoilers  consisting  of  airjets  from  the 
witSg^g^face  to  serve  as  gust  alleviators  in  Ref  22  and  23.  Indications 
of  reasonable  promise  for  this  s,stem  when  it  is  considered 
in  place  of  mechanical  spoilers.  The  effect  of  an  airjet  deflector  on  the 
wing  aerodynamic  characteristics  Is  the  same  aa  that  of  a  mechanical 
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wing  aerodynamic  characteristics  is  the  same  as  that  of  a  mechanical 
spoiler.  That  is,  any  decrease  in  lift  curve  slope  due  to  wing  flow  spoil¬ 
age  will  be  associated  with  the  same  large  drag  increases  which  prove 
detrimental  as  in  the  case  of  mechanical  deflectors.  In  view  of  the  high 
drag  penalty,  the  appreciable  power  required  and  the  ducting  and  nozzle 
requirements,  it  appears  that  an  airjet  spoiler  or  deflector  system  is  less 
attractive  than  the  mechanical  deflector  system. 

l 

FLEXIBLE  WING  SPAR 

A  gust  alleviation  system  which  has  been  tested  in  flight  is  dis¬ 
cussed  in  Ref  24,  25,  and  26.  The  system  operates  to  counteract  the 
effect  of  a  gust  upon  the  aircraft  by  aileron  deflection  determined  by  and 
geared  to  the  bending  of  the  wing.  For  the  system  as  flight  tested,  alle¬ 
viation  of  aircraft  accelerations  was  about  9  percent  at  flight  Mach  numbers 
of  the  order  of  0.  2.  Higher  aileron  deflection  to  wing  bending  gearing  ra¬ 
tios  resulted  in  an  unstable  system.  Surface  inertia  and  response  time 
requirements  for  satisfactory  in-phase  operation  at  high  flight  speeds  are 
extremely  difficult  to  achieve.  Instability  can  easily  result. 

ALLEVIATION  AIRPLANE 

The  gust  alleviation  airplane  described  in  Ref  27  is  a  rather  inter¬ 
esting  development  of  an  airplane  designed  specifically  to  alleviate  the 
effect  of  gusts.  This  approach  appears  to  utilize  the  floating  characteris¬ 
tics  of  the  flaps  and  an  auxiliary  empennage  mechanically  linked  to  flaps 
and  elevators.  Maneuverability  is  obtained  because  of  the  Unlcage ,  but 
it  appears  to  be  limited  in  application  to  a  small  flight  regime.  Detailed 
oti*v*ation  analysis  is  difficult  with  the  limited  information  available  on 
the  system.  The  detailed  design  problems,  system  weight,  and  lack  of 
promise  of  considerable  alleviation  appear  to  prohibit  utilization  of  such 
a  system  for  the  purposes  considered  here. 
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DIRECT  SEARCH  OPTIMIZATION 

The  problem  of  attaining  the  optimum  active  gust  alleviator  was 
subjected  to  a  unique  digital  computer  program  called  Direct  Search 
Optimization,  under  the  constraints  of  stability,  controllability,  and  alle¬ 
viation.  This  approach  results  in  the  simulated  gust  system. 

WIENER  OPTIMUM  FILTER  THEORY 

A  theoretical  study  employing  the  Wiener  optimum  filter  theory 
was  conducted  and  reported  in  Ref  4.  The  theoretical  requirements  in¬ 
cluded  a  minimization  of  a  combination  of  acceleration  and  pitch  rate. 

The  derived  filter  in  this  case  corresponds  to  the  characteristics  of  the 
system  to  be  obtained.  The  author  assumes  that  a  gust  sensing  device  is 
available,  and  that  independently  operating  force  and  moment  can  be  ap¬ 
plied.  A  system  based  on  this  analysis  would  effectively  be  a  simulated 
gust  system  with  optimum  shaping. 


RESULTS  AND  CONCLUSIONS 


Alleviation  capabilities  of  the  various  systems  are  summarized 
in  Figure  23,  where  sensitivity  is  shown  as  a  function  of  Mach  number 
for  a  heavy  weight  vehicle.  The  sensitivities  shown,  however,  are 
obtained  on  a  linear  basis;  both  the  angle  of  attack  and  the  low  gain 
acceleration  systems  are  little  affected  by  servo  rate  limiting  at  rms 
gust  velocities  up  to  about  18  fps.  From  an  endurance  standpoint, 
assuming  a  mean  weight  vehicle,  half-fuel  load,  it  can  be  seen  from 
Figure  24  that  a  considerable  increase  in  pilot  proficiency  is  possible 
with  alleviation  system  incorporation.  The  normalized  acceleration 
power  spectral  densities  at  the  pilot  location  are  illustrated  in  Figure  25 
for  the  BPA,  telescoping  wing  and  acceleration  system,  at  Mach  0.  9. 


Passive  systems  generally  exhibit  the  same  spectral  characteristic 
as  the  BPA.  with  a  reduction  in  loading  in  the  short  period  frequency 


Figure  23.  Center  of  Gravity  and  Pilot  Station  Charts 


Figure  24.  Cumulative  Probability  of  Exceeding  RMS 
Load  Factor- Dash,  0.  9 


Figure  25.  Power  Spectral  Density  of  Normal 
Acceleration  at  Pilot  Station 
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range.  Active  systems,  while  maintaining  rms  values  similar  to  the 
passive  configurations,  show  a  marked  decrease  in  the  short  period 
frequency  range,  and  an  associated  increase  at  higher  frequencies. 

This  characteristic  is  further  illustrated  in  Figure  26.  It  should  be 
noted  that  the  telescoping  wing  and  acceleration  systems  have  similar 
sensitivities.  The  result  of  this  high  frequency  acceleration  content  is 
noted  in  Figure  27,  where  the  number  of  exceedances  of  peak  g's  is 
compared  to  the  pilot  behavior  categories.  Therefore,  the  active  sys¬ 
tems  appear  to  result  in  a  decreased  pilot  tolerance.  The  actual  effect 
on  pilot  behavior  is  somewhat  nebulous  when  the  frequency  content  is 
such  that  the  exceedance  curves  pass  through  a  number  of  behavior 
categories.  Are  pilots  more  disturbed  by  high  frequency  and  low  ampli¬ 
tude  vibrations  or  by  low  frequency  and  large  amplitude  oscillations  in 
acceleration?  More  study  in  the  area  of  human  reaction  is  clearly  indi¬ 
cated.  The  high  frequency  acceleration  content  as  evidenced  for  the 


Figure  26,  Power  Spectral  Density  of  Normal 
Acceleration  at  Pilot  Station 
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Figure  is7.  Exceedances  Per  Second  for  Gust  Alleviation 
Systems  Pilot  Station-Dash,  M  =  0.  9 

active  systems,  rises  from  peaking  at  the  servo  frequencies.  Though 
« 

transient  lift  buildup  on  the  wing  v/as  not  considered  in  this  study,  it 
appears  that  perhaps  such  refinements  are  necessary  in  view  of  the  high 
frequency  reactions.  A  further  refinement  also  appears  necessary  in 
the  area  of  time  lag  in  gust  incidence  and  downwash  variations.  A 
truncated  exponential  series  expansion  was  utilized  and  leads  to  investi¬ 
gation  difficulties  at  structural  modes  frequencies. 

An  actual  increase  in  sensitivity  must  occur  when  structural  mode 
oscillations  are  considered.  Alteration  of  vehicle  geometry  in  passive 
configuration  ganarally  h?®  little  effect  on  the  structural  mode  frequency 
and  damping,  with  the  possible  exception  of  a  variable  sweep  wing.  Thin 
configuration  should  result  in  a  decrease  in  structural  vibrations  as  a 
result  of  the  decreased  effect  of  wing  flexibility. 
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Structural  mode  excitation  with  active  system  incorporation  is,  of 
course,  a  distinct  possibility.  Care  must  be  taKen  as  with  the  design  of 
any  autopilot  in  location  of  sensors  and  subsequent  vibration  pickup.  Ad¬ 
ditional  high  frequency  filtering  may  be  necessary  but  remains  a  problem 
unique  to  the  individual  aircraft  structural  design  and  subsequent  struc¬ 
tural  mode  frequencies.  Sensor  location  also  has  an  effect  on  the  low 
frequency  sensitivity. 

All  active  systems  discussions  have  assumed  the  trailing  edge  flaps 
as  lifting  devices.  Ailerons  may  be  used  instead,  with  signal  mixing  such 
that  differential  motion  remains  for  roll  control  but  non- differential  dis¬ 
placement  is  utilized  for  alleviation.  Flaps,  being  nearer  the  wing  root, 
allow  for  greater  stress.  Aileron  use  may  limit  roll  maneuverability 
during  severe  turbulence.  If  flaps  are  used  a  relatively  slow  screwjack 
actuator  will  still  be  necessary,  in  parallel  with  the  alleviation  servo,  to 
obtain  the  large  deflections  necessary  for  conventional  operation.  Range 
decreases,  resulting  from  active  system  operation  and  continuous  flap 
deflection,  are  minor,  roughly  equal  to  1 -percent  for  rms  gust  velocities 
of  16  fps.  Rms  flap  deflections  at  this  intensity  are  approximately  1-deg. 
Range  decreases  for  passive  systems  are  shown  in  Table.  2.  Also  given 
are  system  weights,  production  costs,  and  reliability  figures. 

Both  ^ctive  and  passive  systems  are  capable  of  providing  adequate 
alleviation.  Production  cost  figures  are  comparable,  but  development 
costs  are  difficult  to  assess,  the  active  systems  are  most  likely  to  incur 
the  greater  cost  in  this  area.  Reliability  is  comparable  when  modern 
redundancy  techniques  are  utilised  in  electronic  subsystems.  (See  Ref  6.  ) 

Active  systems  are  appreciably  lighter  in  weight  and  offer  less  range 
degradation.  The  high  frequency  acceleration  content  may  prove  to  be 
bothersome.  System  maintenance  is  negligible  when  combined  with  normal 
autopilot  maintenance,  with  the  exception  of  the  additional  servos  which 
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require  periodic  replacement.  Stability  and  control  characteristics  are 
altered  by  active  system  incorporation  and  only  the  normal  acceleration 
system  appears  to  be  capable  of  providing  acceptable  qualities  over  a 
range  of  flight  conditions.  With  active  systems,  the  ratio  of  gains  to 
flaps  and  elevator  is  important.  Failures  resulting  in  large  deviations 
of  this  ratio  require  signal  monitoring  of  the  ratio  to  ensure  fail- safety. 

Passive  systems  provide  a  reduction  in  sensitivity  and  allow  for 
possible  shorter  takeoff  distances.  Little  alteration  of  stability  and  con¬ 
trol  characteristics  occurs  but  active  stability  augmentation  remains  a 
necessity  as  with  all  modern  higher  performance  aircraft.  System  main¬ 
tenance  consists  of  periodic  seal  and  bearing  replacement,  md  perhaps 
track  adjustment. 

It  is  the  conclusion  of  the  authors,  baaed  upon  the  study  results 
presented  here,  that  the  normal  acceleration  feedback  to  flaps  and 
elevators  or  the  variable  sweep  wing  concept  offer  the  most  practical 
means  of  providing  suitable  alleviation  of  turbulence  induced  loads  during 
the  low  altitude  high  speed  mission. 
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NOMENCLATURE 

Acceleration  sensitivity  to  gus<-s 
Root  mean  square  value 
Vertical  gust  velocity 

Normal  acceleration 

Laplacian  operator 
Wing  area 
Natural  frequency 

Natural  frequency 

Damping  ratio 
Aircraft  velocity 
Air  density 

Gravitational  acceleration 
Lift  force  coefficient 
Lift  curve  slope 

Angle  of  attack  due  to  gust  incidence 

Power  spectral  density 

Scale  of  turbulence 

Normalized  frequency 

Center  of  pressure 

Center  of  gravity 

Pitch  angle 

Alleviated  or  alleviation 
tt—  •  ii, — i£tz  d 

Distance 

Frequency 

Number  of  exceedances  per  second 
Drag  coefficient 


g/fps 

ft/ sec 

g'S 

1  /sec 
t,2 

rad/ sec 
cps 

ft/ sec 

3 

Slug  8 /ft 
ft/ sec^ 

1/deg 

deg 

ft/ 

1/ft 

deg 


ft 

rad /sec 
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miles 


Range 

Mach  number  or  moment  coefficient 
Chord  ft 

Gain  factor  deg/deg 

Flap  deflection  deg 

Elevator  deflection  deg 

Angle  of  attack  deg 

Flight  path  angle  deg 

Denotes  trim  or  steady  value  -  -  -  - 

Denotes  derivative  with  respect  to  time  ---- 

Angle  sensed  by  vane  or  probe  deg 

lb 

deg/sec 


Weight 
Pitch  rate 
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ABSTRACT 


As  part  of  a  program  to  establish  landing  loads  criteria  for  aircraft  whose  mission  requires  land¬ 
ing  and  takeoff  from  unprepared  areas,  a  dynamic  analysis  was  made  of  the  loads  induced  in  an 
Army  observation  airplane  by  rough  terrain  landings.  These  loads  were  subsequently  used  to  com¬ 
pute  weight  and  performance  penalties  as  a  function  of  the  magnitude  of  the  surface  irregularity. 
The  analytical  methods  are  described  herein,  and  the  results  of  the  load  analysis  are  summarized. 

The  investigation  provided  an  understanding  of  the  required  characteristic  of  landing  gear  which 
are  to  be  used  in  rough  terrain  operations.  Suggestions  are  presented  for  reducing  the  loads  asso¬ 
ciated  with  such  usage  by  the  proper  choice  of  shock  strut  and  tire  configuration. 


INTRODUCTION 


The  problem  of  landing  area  roughness  has  been  of  concern  for  many  years  to  both  military  and 
civil  organizations  responsible  for  the  operation  and  maintenance  of  aircraft.  It  nas  been  recog¬ 
nized,  for  example,  that  normal  irregularities  in  the  surface  of  commercial  landing  fields  contrib¬ 
ute  to  the  fatigue  damage  of  transport  aircraft  landing  gear  and  that  failures  of  earner-based 
aircraft  have  beer,  caused  by  running  over  an  arresting  cable  during  landing  impact.  Design  cri¬ 
teria  to  account  for  these  conditions  are  appearing  in  current  structural  specifications. 

The  terrain  roughness  encountered  by  Army  aircraft  whose  mission  involves  operating  in  and  out 
of  unprepared  areas  is  of  greater  magnitude,  and  there  is  an  utgent  need  for  the  development  of 
design  criteria  which  will  provide  adequate  strength  for  these  conditions.  Current  Army  aircraft 
are  designed  to  meet  Air  Force,  Navy,  or  Federal  Aviation  Agency  requirements.  These  require¬ 
ments  are  not  adequate  to  predict  the  loads  which  will  be  imposed  by  the  Army’s  specialized 
mission. 

The  probiem  of  designing  airplanes  for  rough  terrain  landing  operations  can  be  divided  into  the 
following  steps: 

1.  Definition  of  the  design  landing  surface, 

2.  Analysis  of  loads  induced  by  the  rough  terrain,  and 

3.  Design  of  the  optimum  landing  gear  configuration. 

If  these  steps  were  successfully  accomplished,  there  would  remain  one  additional  major  problem, 
namely,  that  of  providing  ground  personnel  with  a  means  of  determining  whether  a  given  landing 
surface  does  or  does  not  exceed  the  permissible  roughness  specified  in  the  design.  Presumably 
such  a  determination  would  be  necessary  before  the  landing  of  the  first  aircraft  at  a  forward  base, 

As  part  of  the  program  to  establish  the  landing  loads  criteria,  a  dynamic  analysis  was  made  of 
the  loads  induced  in  an  Army  STOL  observation  plane  by  landings  on  terrains  of  varying  degrees 
of  roughness.  The  load  increments  obtained  by  this  analysis  were  used  to  compute  the  amount 
of  additional  structural  weight  required  to  prevent  failure.  These  weight  increases,  in  turn,  were 
used  to  determine  the  loss  in  performance  (range)  of  the  aircraft,  and,  as  a  final  step,  the  degree 
of  terrain  roughness  at  which  the  performance  of  the  STOL  aircraft  became  equal  to  that  of  a 
VTOL  aircraft  of  equal  weight  was  determined. 


Definition  of  the  design  landing  surface  (Step  1  above)  is  a  particularly  difficult  problem.  Obvi¬ 
ously,  terrain  can  have  any  degree  of  roughness  imaginable.  It  is  equally  obvious  that  an  airplane 
with  a  finite  landing  speed  cannot  be  designed  for  all  degrees  of  landing  area  roughness.  The 
philosophy  adopted  in  this  investigation  was  that  the  limiting  roughness  would  be  that  which  made 
an  STOL  aircraft  economically  unfeasible,  i.e.,  that  which  made  its  performance  equal  to  or  less 
than  that  of  a  comparable  VTOL  aircraft.  Because  the  investigation  was  made  on  an  aircraft  whose 
landing  gear  contained  few  provisions  for  rough  terrain  landings  other  than  high  sinking  speed, 

I  a  i  s  •  •  .  I  .  1  *1  t.  .  *  n  .  »  « 
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phases  is  placed  herein  on  the  methods  of  analysis  employed,  the  loads  generated  and  the  general 
knowledge  obtained  of  the  desired  characteristics  of  the  optimum  landing  gear  configuration. 
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GENERAL  APPROACH 

To  determine  analytically  the  variation  of  loads  in  the  aircraft  with  terrain  roughness,  computa¬ 
tions  were  made  using  a  computer  program  which  simulated  the  operational  characteristics  of  the 
gear  and  the  elastic  properties  of  the  gear  and  airplane  structure.  Essentially,  the  computing  pro¬ 
gram  consisted  of  a  mathematical  model  of  the  aircraft  in  which  the  gear  and  structure  were  con¬ 
sidered  as  mutually  interacting  dynamic  systems.  The  input  to  the  program  consisted  of  the  initial 
velocities  (both  horizontal  and  vertical),  the  attitude  of  the  airplane,  and  the  contour  or  character 
of  the  ground.  The  output  gave  time  histories  of  gear  loads,  and  accelerations  and  loads  at  numer¬ 
ous  selected  points  on  the  structure. 

The  loads  and  accelerations  thus  derived  were  entered  into  a  second  computing  program  which 
determined  the  change  in  weight  of  the  airplane.  The  resulting  curves  of  weight  increase  versus 
magnitude  of  surface  irregularity  were  utilized  in  established  aerodynamic  procedures  to  obtain 
the  effect  on  airplane  performance. 

THE  AIRPLANE 

Figure  1  shows  the  Army  observation  airplane  that  was  used  as  a  basis  for  these  calculations. 
The  landing  gear  configurations  are  shown  in  Figures  2  and  3.  The  gears  are  conventional  hydro- 
pneumatic  shocks  struts,  equipped  with  metering  pin-orifice  arrangements  characteristic  of  air¬ 
planes  designed  for  high  sink  speed  landings.  The  ultimate  design  sinking  speed  for  the  airplane 
was  20.8  feet  per  second  at  a  gross  weight  of  10,715  lbs. 

THE  TERRAIN  REPRESENTATION 

Landing  surface  irregularities  were  represented  by  the  types  of  terrain  shown  in  Figure  4.  These 
consist  of: 

(a)  Slopes  in  the  direction  of  airplane  motion 

(b)  Soft  earth  as  indicated  by  various  sliding  and  rolling  coefficients  of  friction 

(c)  Single  bumps 

(d)  Continuous  identical  undulations,  and 

(e)  Series  of  discrete  bumps. 

The  protuberances  investigated  under  (c),  (d)  and  (e)  consisted  of  cylindrical,  one  minus  cosine 
bumps  of  various  heights  and  lengths,  oriented  at  right  angles  to  the  direction  of  airplane  motion. 
The  magnitudes  of  surface  irregularities  were  progressively  increased  until  the  weight  increments 
resulting  therefrom  brought  the  performance  of  the  5TOL  airplane  down  to  that  of  the  VTOL  air¬ 
plane.  The  investigation  was  limited  to  protuberances  with  concave  radii  equal  to,  or  greater  than, 
the  radius  ot  the  tire.  Computational  difficulties  arose  when  bumps  outside  this  range  were  con¬ 
sidered  because  the  tire  then  made  contact  with  the  ground  at  two  locations. 
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FIGURE  t.  AO*!  MOHAWK  AIRPLANE  GENERAL  CONFIGURATION 
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The  number  of  cycles  of  "continuous"  undulations  considered  in  each  landing  was  a  function  of 
wavelength.  Thus,  ten  cycles  were  used  when  the  length  was  27. 1  inches;  five  cycles  were  used 
with  a  45-inch  waveiength;  und  three  cycles  were  used  at  137-inch  wavelength.  To  a  lai^e  extent, 
this  limit  was  created  by  the  computing  machine  time  required  to  run  each  case;  however,  some 
justification  for  this  procedure  lies  in  the  anticipated  character  of  the  terrain.  The  short  undula¬ 
tions  may  be  likened  to  a  plowed  field,  the  furrows  of  which  art;  both  uniform  and  continuous.  The 
long  undulations  might  be  considered  natural  irregularities.  The  probability  of  encountering  more 
than  three  such  protuberances  of  equai  wavelength  is  rather  remote. 

The  frequency  of  the  continuous  undulations*  started  at  125  cp.s  (L  -  25")  and  extended  down  to 
12.5  cps  (L  =  137),  a  value  just  below  the  highest  of  the  structural  frequencies  used  in  the  analy¬ 
sis.  The  series  of  discrete  bumps  were  spaced  farther  apart  and  were  designed  to  excite  the  lower 
structural  modes.  Each  of  these  series  contained  two  identical  bumps. 

Basic  Assumptions: 

The  following  basic  assumptions  were  made  in  this  investigation: 

1..  All  landings  and  all  surface  irregularities  were  symmetrical  with  respect  to  the  airplane  center- 
line.  Hence,  side  loads  resulting  from  asymmetric  initial  conditions  were  not  determined. 

2.  The  airplane  was  assumed  to  land  once  in  the  two-point  attitude  and  once  in  the  three-point 
attitude  on  each  surface.  Loads  were  obtained  for  both  main  and  nose  gear  in  the  latter  case. 

3.  The  airplane,  just  before  impact,  was  assumed  to  be  in  a  steady  slate  condition,  i.o.,  accelera¬ 
tions  were  assumed  equal  to  zero.  Sinking  speeds  were  8,  12,  and  17  feet  per  second  (ultimate). 

4.  The  forward  velocity  was  assumed  constant  at  84.5  knots  through  the  interval  of  impact. 

5.  The  first  four  symmetrical  airplane  flexible  modes  were  used  in  describing  the  elastic  char¬ 
acteristics  of  the  structure.  Their  frequencies  were  7.06,  7.76,  9.04,  and  13.6  cps.  These 
frequencies  and  mode  shapes  were  obtained  from  ground  vibration  tests  (Reference  1)  on  the 
airplane  and  corresponded  to  first,  wing  bending,  wing  torque,  nacelle  pitching;  and  second, 
wing  bending  modes,  respectively. 

6.  Weight  increments  were  based  on  strength  requirements.  (No  weight  increments  were  provided 
for  fatigue.) 

7.  Rigidities  were  assumed  to  be  constant  at  their  original  values.  (No  adjustment  was  made  as 
weight  increased.) 


Items  2,  3  and  4  need  no  justification  since  the  assumptions  deviate  little  from  the  fucts.  The 
use  of  symmetrical  conditions  (Item  1)  and  the  neglect  of  fatigue  loadings  (Item  6)  are  permissible 
only  if  it  is  acknowledged  that  supplementary  investigations  will  be  necessary  to  establish  side 
load  and  fatigue  criteria. 


" *  **qu«ioy  oi  tn«  undulation*  is  defin'd  *•  2  whore  V  I*  the  innding  speed  In  Inched  per  atcund  uiui  In  tho  wnvoiength  la 
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The  frequencies  and  mode  shapes  included  all  the  symmetrical  values  that  could  be  derived  from 
the  available  ground  vibration  data.  The  effect  of  assuming  constant  rigidities  was  a  loss  of 
accuracy  as  the  loads  increased.  However,  since,  a  major  portion  of  the  load  and  weight  incre¬ 
ments  is  dependent  upon  rigid  body  considerations,  the  loss  of  accuracy  assignable  to  this 
assumption  is  not  as  great  as  might  be  expected.  Additional  discussion  on  this  point  will  be 
found  on  Page  22,  Paragraph  *G." 

Secondary  Assumptions 

Numerous  secondary  assumptions  were  made,  most  of  which  follow  rationally  from  a  knowledge 
of  the  physics  involved  in  the  problem  and  which  have  only  a  minor  effect  on  the  results.  Several 
assumptions,  however,  are  of  special  interest  to  those  working  with  landing  gear  computations. 
These  are  associated  with  the  operation  of  the  gear  as  an  eneigy  absotbing  device  and  have  sub¬ 
stantial  effect  on  the  primary  loads. 

The  first  of  these  is  the  tire  load-deflection  curves  (Figure  5)  which,  in  this  case,  were  derived 
from  manufacturer’s  test  data.  The  curves  were  obtained  under  dynamic  conditions,  a  procedure 


FI0URE  S.  TIRE  LOAD  DEFLECTION  CURVES 
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which  appear*  to  b«  eHMeullai  in  ■  vfa  I  In  >  were  obtained  by  the  impression  of  the  tires  on 

o  flat  surface,  h  seems*  evident  I  Inn  ,«n*lMnll«l  **m»r  would  he  tntKMlaced  if  the  same  curve  were 
used  for  landing  or  rolling  over  objecti  of  nmall  radius,  such  an  a  Soft  or  boulder.  In  the  present 
investigation,  this  proohm  was  avoided  to  aome  extent  by  limiting  the  obstacles  !o  one  minus 
cosine  shapes  of  a  reasonable  minimum  length.  Mince  tire  deflection  data  are  not  available  for 
tires  bearing  on  objects  of  varying  radii  of  curvature,  the  error  introduced  in  this  program  cannot 
be  determined  at  this  time. 

The  discharge  coefficient  for  ti  e  metering  pin-orifice  was  assumed  to  be  0.05.  This  value  was 
obtained  from  tests  on  an  A-4B  (A4D-2)  gear  under  actual  landing  conditions  (Heference  2). 

The  polytropic  exponent  *n”  for  the  air  compression  equation  was  assumed  .  «*•  1.12.  This 
compares  to  experimental  values  of  1.01  to  1.10  obtained  by  Walls  (Reference  3)  on  a  small  gear 
with  a  simple  orifice. 

Equations  of  Motion 

The  equations  of  motion  and  other  aspects  of  the  toads  computing  program  are  provided  in  the 
Appendix  for  those  who  are  interested  in  the  details.  The  output  was  computed  at  time  intervals 
of  0.0001  second  and  printed  at  intervals  of  0.002  second,  in  a  three-point  landing,  the  printed 
output  contained  96  items;  in  a  two-point  landing,  68  items.  Each  normal  landing  required  5  min¬ 
utes  of  7090  computer  machine  time.  Landings  on  continuous  undulations  and  series  of  bumps 
required  12  minutes  of  machine  time.  The  present  equipment,  which  is  the  7094  computer,  reduces 
these  times  by  approximately  one-third.  A  total  of  approximately  600  landings  was  computed. 

The  Check-out 

To  be  certain  that  the  computations  were  successfully  duplicating  the  actual  gear  and  aiipiane 
operation,  calculations  were  made,  using  initial  conditions  of  drop  tests  (Reference  4),  and  the 
computed  loads  were  compared  with  the  measured  loads.  Results  of  this  investigation  are  shown 
in  Figure  6  for  the  17-fps  sinking  speed.  Comparable  agreement  was  found  at  sinking  speeds  of 
7  and  11  fps. 
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RESULTS 


Because  of  the  large  amount  of  data  generated,  it  is  possible  here  only  to  summarize  the  results. 
As  previously  stated,  emphasis  will  be  placed  on  the  loads,  rather  than  weight  or  performance 
changes.  Results  will  be  categorized  according  to  the  surface  irregularities  shown  in  Figure  4. 

A.  Terrain  Slope 

In  computing  the  loads  for  landings  on  run-' ays  which  sloped  upward,  in  the  direction  of  air¬ 
plane  motion,  it  was  assumed  that  the  pilot  could  adapt  the  airplane  attitude  to  the  local 
slope,  but  that  the  flight  path,  and,  hence,  the  horizontal  and  vertical  velocities  established 
by  reference  to  the  horizon,  remained  unchanged.  Under  these  conditions,  slopes  created  an 
effective  increase  in  sinking  'peed  equal  to 

A  Vv  =  i.689VA  sin  6  {feet  per  second) 

where  Vv  is  in  feet  per  second  and  VA  is  in  knots.  At  the  airplane  landing  speed,  VA,  of  84.5 
knots,  each  degree  of  slope  created  an  increment  of  vertical  speed  of  2.5  feet  per  second. 

The  variation  of  maximum  vertical  and  horizontal  landing  gee  loads  with  slops  is  shown  in 
Figure  7. 

It  is  possible  to  consider  a  uniform  slope  as  the  limiting  case  of  a  long  bump,  lienee,  the 
results  are  approximately  applicable  to  long  smooth  bumps,  with  maximum  slopes  as  shown. 

A  long  bump  can  be  defined  for  these  purposes  as  one  in  which  the  half-length  (distance  from 
beginning  to  the  apex)  is  longer  than  the  distance  traveled  during  the  period  of  impact.  For 
this  aircraft,  high  gear  loads  exist  for  approximately  0.2  second,  and  a  long  bump  Hs  a  half- 
length  of  roughly  30  feet. 

B.  Soft-Earth  Landings 

Soft-earth  landings  hove  been  investigated  by  the  simple  process  of  varying  the  static  and 
roI::Rg  coefficients  oi  friction  which  are  used  in  the  commutations.  The  problem  of  relating 
the  coefficients  to  measurable  characteristics  of  the  soil  is  left  to  other  investigators.  In 
this  regard,  it  would  appear  that  considerable  work  remains  to  be  done  inasmuch  as  rolling 
coefficients  of  friction  which  have  been  obtained  under  slow  moving  conditions  probably 
are  not  applicable  to  the  relatively  high  aircraft  landing  speeds. 

Intuitively,  one  realizes  that  the  important  load  in  this  case  is  the  drag  load  on  the  gear. 
Figure  3  shows  the  variation  of  maximum  drag  load  with  rolling  coefficient  for  the  three 
initial  sinking  apeeda,  together  with  the  corresponding  vertical  loads.  From  these  charts  it 
is  apparent  that  main  gear  vertical  loads  are  not  significantly  increased  by  increases  in  co- 
efuciefil  of  friction,  but  that  the  drag  load  is  increased  substantially.  Nose  gear  vertical 
loads  are  increased  because  of  the  nose-down  airplane  pitching  moment  created  by  the  higher 
drug  forces. 
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FIGURE  7.  VARIATION  OF  MAXIMUM  LOAD*  WITH  GROUND  SLOW 
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FIGURE  •.  VARIATION  OF  MAXIMUM  LOADS  WITH  ROLLING  COEFFICIENT  OF  FRICTION 
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C.  Single  Bumps 

The  magnitude  of  the  vertical  gear  load  increment  obtained  when  the  airplane  landed  upon  a 
single  bump,  was  dependent  r.ot  only  on  the  height  of  the  bump,  the  sharpness  or  wa/e  length, 
and  the  initial  sinking  speed  but  also  upon  the  position  of  the  airplane’s  initial  touchdown 
relative  to  ihe  bump.  The  last  consideration  made  it  necessary  to  determine  the  critical 
point  of  touchdown  for  each  landing  before  proceeding  with  the  rest  of  the  investigation. 
Figure  9  shows  the  effect  of  point  of  touchdown  upon  the  maximum  vertical  g'sr  load.  Figure 
10  shows  the  detailed  time  relationship  between  the  vertical  gear  load  and  the  bump  contour 
for  a  landing  at  17  fps  on  a  three-inch  bump,  137  inches  long.  Figure  1)  shows  the  effect  of 
wave  length,  sink  speed,  and  bump  height  on  the  magnitude  of  the  maximum  vertical  load.  In 
these  charts  all  landings  were  made  at  the  critical  point  of  touchdown. 

The  large  magnitude  of  the  load  increment  caused  by  relatively  small  bumps,  when  the  initial 
sinking  speed  is  high,  requires  special  comment.  Examination  of  other  portions  of  the  com¬ 
puter  program  output  shows  that  the  tire  bottoms  (or  becomes  flat)  during  a  normal  12  fps 
landing.  If  the  wheel  encounters  al>ump  during  the  period  when  t tire  is  flat,  a  sharp,  high 
velocity  pulse  is  imparted  to  *he  gear,  wtuch  «s  additive  to  that  caused  by  the  airplane's  sink¬ 
ing  speed.  Since  the  metering  pin-orifice  dimensions  are  not  designed  for  this  condition,  the 
oil  flow  is  essentially  blocked,  and  the  gear  becomes  a  rigid  strut.  This  phenomenon  has 
been  noted  with  carrier  aircraft  where  severe  damage  was  incurred  when  the  gear  rolled  over 
an  arresting  cable  at  the  time  of  maximum  tire  deflection.  Figure  12  shows  the  recorded  lot  j 
irom  such  a  landing.  In  this  case,  the  bump  consisted  of  a  1*/*  inch,  multistrand  arresting 
cable  r.hich  undoubtedly  compressed  somewhat  under  load. 

Although  the  highest  gear  loads  were  experienced  with  short  bumps,  the  wing  loads  were 
often  maximum  when  the  frequency  of  the  bump  approached  that  of  the  structure.  This  is 
illustrated  typically  by  the  following  comparisons  which  show  the  relationship  between 
maximum  main  gear  vertical  load  and  maximum  wing  moment  for  two  three-inch  bumps  of 
different  length: 


3"  Bump  Length 
(Vv  =  17  fps) 

27.4 

137 


Max.  Vertical 
Gear  Load 
Lbs. 

111,500 

62,620 


Max.  Wing 
Mom.  -  Sta.  40 
In.  -  Lbs. 

1,862,000 

2,0)7,000 


This  result  is  not  surprising  since  an  analogy  can  be  drawn  to  the  response  of  a  single  degree 
of  freedom  system  in  which  the  response  to  a  pulse  is  a  function  of  the  ratio  of  fr  jquency  of 
the  pulse  to  the  frequency  bf  the  system. 
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FIGURE  9.  VERTICAL  LOAD  ON  MAIN  GEAR  FOR  BUMPS  IN  DIFFERENT  LOCATIONS 
RELATIVE  TO  POINT  OF  INITIAL  TOUCHDOWN  (V  =  17  FT/SEC) 


FIGURE  10.  MAIN  GEAR  LOAD  VS.  TIME  FOR  A  THREE-INCH  BUMP  135  INCHES  LONG 
{V  =  17  FT/SEC) 


MAX 

VERT 

LOAD 

-KIRS 


BUMP  HEIGHT -IN. 


FI<3UR£  11.  MAXIMUM  MAIN  GEAR  VERTICAL  LOAD  VS.  BUMP  HEIGHT,  BUMP  LENGTH 
AND  SINKING  SPEED 


U  Continuous  Undulations 

ASS  landings  on  continuous  undulations  were  made  with  the  point  of  initial  touchdown  at  the 
start  of  a  wave,  in  other  words,  at  the  bottom  of  a  trough.  It  was  also  assumed,  in  effect, 
that  the  undulation  preceding  the  point  of  touchdown  did  not  exist,  inasmuch  as  contact  with 
this  protuberance  was  ignored.  The  first  undulation  did  not  produce  as  high  a  load  as  the 
maximum  from  a  single  bump  of  the  same  shape  because  initial  touchdown  was  not  in  the  most 
critical  location. 
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GEAR  LOAD  20 
(KIPS) 


LEFT  GEAR- 
VERTICAL  I 
GEAR  LOADS 


0  ,C2  .04  .06  .08  .10  .12  .14  .16.18  .20  .22 

TIME  (SECONDS) 

FIGURE  12.  EFFECT  OF  CABLE  IMPACT  ON  A-4B  GEAR  LOADS 


Typical  time  histories  of  gear  loads  and  wing  bending  moments  are  shown  ir  Figures  13 
through  16.  Figures  13  and  14  are  for  continuous  undulations  three  inches  hi.^h  and  27.4  inches 
long.  The  comparable  loads  for  a  smooth  field  landing  with  the  same  sinking  speed  are  shown 
by  the  dashed  line.  Although  the  second  and  third  undulations  produce  loads  higher  than  the 
first,  it  can  be  seen  that  this  occurs  when  the  smooth  field  landing  load  is  increasing  and 
that  it  is  not  a  diverging  phenomenon. 

Similar  data  for  undulations  137  inches  long  are  shown  in  Figures  15  and  16.  This  spacing 
corresponds  approximately  to  the  highest  structural  mode  considered  (second  wing  bending). 

As  previously  stated,  calculations  were  .carried  out  to  the  end  of  the  third  undulation  only  at 
this  wave  length.  The  gear  loads  and  wing  moments  are  maximum  at  the  first  undulation.  It 
will  be  noted  that  the  maximum  wing  moment  exceeds  the  maximum  for  the  shorter  undulation 
by  approximately  20  percent.  It  is  apparent  again  that  maximum  loads  are  obtained  at  a  time 
when  the  energy  of  initial  impact  is  being  absorbed.  No  evidence  of  load  reinforcement  on  the 
second  and  third  undulations  ran  be  seen. 

E.  Series  of  Discrete  Bumps 

The  point  of  touchdown  for  these  landings  was  chosen  so  as  to  make  the  gear  load  from  the 
first  bump  maximum,  as  was  done  with  the  single  bump.  The  second  bump  was  spaced  so  as  to 
supply  load  pulses  at  the  nar-.ai  frequencies  of  the  structure. 


VERTICAL 


TIME— SECONDS 


FIGURE  IS.  GROUND  LOADS  FOR  A  t7  FT/SEC  LANDING  OH  CONTINUOUS 
3"  x  27.4”  UNDULATIONS 


TIME-SECONDS 


FIGURE  14.  WING  BENDING  MOMENT  FOR  A  17  FT/ SEC  LANDING  ON  3"  *  27.4' 
CONTINUOUS  UNDULATIONS 


VERTICAL 

LOAD 

KIPS 


DRAG 

LOAD 

KIPS 


0  .08  .10  J8  .20  M  .W 

TIME -SECONDS 


FIGURE  IS.  GROUND  LOADS  FOR  A  17  FT/SEC  LANDING  ON  CONTINUOUS  3"  x  w 
UNDULATIONS 


Typical  time  histories  of  gear  and  wing  loads  are  shown  in  JFigure  17.  It  was  found  that  in  no 
case  did  the  second  bump  gear  load  exceed  that  of  the  first  nor  did  a  structural  load  from  the 
second  pulae  exceed  that  of  the  first.  Thus,  maximum  loads  and  weight  penalties  for  the  series  • 
of  bumps  were  identical  with  those  from  the  single  discrete  bumps. 

F.  General  Comment  on  the  Multiple  Bump  Cases 

The  leek  of  load  reinforcement  in  both  the  continuous  undulation  and  series  of  bump  cases  was 
quite  unexpected.  In  retrospect,  however,  it  now  becomes  obvious  that  the  superposition  of 
primary  energy  absorption  with  the  bump  effect  must  produce  msximum  loads  in  the  early  part 
of  the  load-time  history.  Undoubtedly,  substantial  resonance  would  be  introduced  if  the  mul¬ 
tiple  bump  cases  were  carried  out  over  a  longer  distance;  however,  this  procedure  would,  in 
the  estimation  of  the  author,  he  rather  unraaliatir  srH  »»»ec“S3r:!)'  conservative  as  a  design 
criterion.  It  would  appear  prudent  nevertheless,  to  include  a  precautionary  note  to  the  effect 
that  landings  on  terrain  with  many  uniformly  spaced  bumps  or  undulations  should  be  avoided. 
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17  FT/8EC 


rivTij 


FIGURE  17.  VERTICAL  GEAR  LOAD  AND  WING  BENDING  MOMENT  FOR  A  17  FT/SEC 

LANDING  ON  A  SERIES  OF  TWO  S-INCM  BUMFS  SPACED  24*  INCHES  AFA<"*T 

G.  Effects  of  Airplane  Flexibility 

The  effects  of  airplane  flexibility  were  investigated  for  several  cases  by  comparing  the  loads 
computed  in  the  sfandattl  manner  with  those  computed  for  a  rigid  airplane.  The  latter  loads 
were  obtained  by  removing  the  modal  data  from  the  computing  program.  A  comparison  of  the 
flexible  versus  rigid  loads  for  two  discrete  bump  ceses  is  shown  in  Figures  18  and  19.  It  will 
be  noted  that  the  gear  loads  are  changed  very  little  by  airplane  flexibility  but  that  substantial 
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MAIN  GEAR 
VERTICAL  80 
LOAD 
KIPS 

40 
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IN-LBS  X 10 
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% 
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t 

V 

BM-STA  40 


IN-LBS  X  to" 


0  .09  .10  .15 

TIME  -  SECONDS 

FIGURE  19.  COMPARISON  OK  RIGID  AND  FLEXIBLE  AIRCRAFT  LOADS  FOR  A  17  FT/SEC 
LANDING  OW  A  3"  BUMP  27.4"  LONG 


dynamic  effects  are  noted  in  the  internal  structural  loads.  When  the  bump  is  short,  wing  moments 
for  the  flexible  airplane  are  less  tVm  for  the  rigid  airplane.  When  the  bumn  is  Inn®  win*  mn_ 
ments  for  the  flexible  airplane  are  higher  than  for  the  rigid  airplane.  Dynamic  amplification  up 
to  1.5  was  computed  on  wing  moments  at  the  loager  wave  lengths. 
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TIME  -  SECONDS 


FIGURE  It.  COMPARISON  OF  RIGID  AND  FLEXIBLE  AIRCRAFT  LOADS  FOR  A  17  FT/SEC 
LANDING  ON  A  3-INCH  GUMP  242"  LONG 
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OBSERVATIONS  REGARDING  BUMP  LOADS  AND  LANDING  GEAR  REQUIREMENTS 


Having  noted  that  large  loads  are  developed  when  the  gear  traverses  bumps  of  short  wavelength 
at  the  time  when  the  tire  is  flat,  a  simplified  concept  of  the  phenomenon  can  be  constructed 
which  will  shed  some  light  on  the  requirements  of  the  landing  gear. 

Assuming  that  high-frequency  pulses  cannot  be  alleviated  by  the  metering  pin-orifice  design, 
energy  absoiption  must  be  accomplished  by  the  deflection  of  the  tire  and  the  local  structure. 

The  load-deflection  curve  of  Figure  20  has  been  prepared  by  adding  to  the  tire  deflection  curve 
the  computed  structural  deflection  of  the  fork.  Considering  the  case  of  a  12  fps  landing,  the 
normal  smooth  field  vertical  load  has  been  determined  to  be  14,300  pounds.  A  sharp  three-inch 
bump  will  require  an  additional  three  inches  of  deflection  and,  according  to  our  simplified  con¬ 
cept,  will  produce  a  load  increment  of  51,200  pounds  for  a  total  load  of  65,500  pounds.  The  cor¬ 
responding  load  from  the  more  detailed  calculations  for  a  three-inch  bump  27.4*  long  is  53,000 
pounds.  The  following  table  shows  a  comparison  of  the  approximate  with  the  more  detailed  loads 
for  several  other  initial  sinking  speeds  and  bump  heights. 


Vv 

Height 

Length 

Pv 

Pv 

Ratio 

fps 

In. 

In. 

Approximate  (A) 

Exact  (B) 

(B)  /  (A) 

12 

1.5 

13.7 

21,300 

19,959 

.94 

17 

1.5 

13.7 

66,000 

61,002 

.92 

8 

3 

27.4 

23,400 

22,000 

.94 

12 

3 

27.4 

65,500 

53,000 

.81 

17 

3 

27.4 

137,000 

111,000 

.81 

8 

5 

45.7 

105,000 

67,900 

.65 

12 

3 

137 

65,500 

23,600 

.36 

17 

3 

137 

137,000 

62,600 

.46 

As  might  be  expected,  the  agreement  is  fair  with  short  bumps  but  poor  with  longer  bumps.  The 
approximate  method  gives  a  ballpark  figure  which  would  be  useful  for  preliminary  design  for 
the  limiting  case  of  short  bumps. 
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FIGURE  20.  TIRE  PLUS  LOCAL  STRUCTURE  DEFLECTION  CURVE 
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It  becomes  evident  from  the  foregoing  exercise  that  tolerance  for  rough  terrain  may  be  increased 
by  shifting  the  knee  of  the  load  deflection  curve  by  some  manner  to  the  right.  If,  in  the  12  fps 
landing  example  above,  the  knee  were  extended  as  shown  by  the  dotted  line  in  Figure  20,  the 
load  resulting  from  a  three-inch  bump  would  be  29,000  pounds  as  compared  with  the  original 
53,000  pounds.  An  obvious  conclusion  is  that  an  increase  in  tire  size,  specifically,  an  increase 
in  the  difference  between  tire  radius  and  rim  radius  (which  will  be  called  tire  depth),  will  aid 
greatly  in  alleviating  the  detrimental  effects  of  rough  terrain. 

It  has  been  recognized  for  some  time  that  a  large  tire  with  low  footprint  pressure  has  beei.  needed 
to  prevent  sinking  into  soft  soil.  Are  the  requirements  for  soft  soil  and  the  requirements  for 
bumps  compatible?  If  the  width  of  the  tire  is  increased  simultaneously  with  the  depth,  improvement 
will  be  obtained  for  both  types  of  terrain.  However,  a  low  tire  pressure  is  desirable  for  soft 
soil,  and  a  high  tire  pressure  for  bumps,  in  this  regard,  there  is  a  conflict  of  requirements  and  a 
compromise  must  be  achieved. 

In  many  actual  designs,  a  large  tire  cannot  be  used  because  of  limited  stowage  space,  and  in 
any  case, as  the  degree  of  terrain  roughness  is  increased,  the  tire  size  eventually  becomes  im¬ 
practical.  To  further  alleviate  the  ettects  of  bumps,  two  suggestions  for  modification  of  the 
shock  strut  have  been  advanced.  The  first  involves  the  use  of  a  relief  valve  in  the  oil  pressure 
chamber  and  the  second  involves  the  use  of  a  floating  metering  pin.  These  configurations  are 
shown  schematically  in  Figure  21. 

The  relief  valve  in  the  orifice  plate  is  a  device  which  has  been  explored  by  Bendix  (Reference  6) 
and  NASA  (Reference  7)  for  the  purpose  of  alleviating  the  previously  mentioned  cable  impact 
loads  for  carrier-based  aircraft.  Although  simple  in  concept,  it  is  rather  difficult  to  accomplish 
because  of  the  need  for  extremely  high  frequency  response  characteristics.  In  principle,  such  a 
relief  valve  would  not  permit  the  oil  pressure  to  build  up  beyond  a  certain  value,  but  to  accom¬ 
plish  this  purpose  successfully,  it  must  open  fully  in  a  fraction  of  the  load  pulse  time. 

The  floating  metering  pin  appears  to  have  certain  practical  advantages.  In  essence,  the  air 
chamber  below  the  pin  provides  the  same  type  of  protection  in  the  same  way  as  the  deep  tire. 

The  reaction  to  a  sharp  bump  can,  in  fact,  be  computed  by  the  approximate  manner  described  in 
the  previous  section,  by  constructing  a  load  deflection  curve  for  the  tire  plus  the  air  spring.  A 
more  precise  calculation  would,  of  course,  be  necessary  to  determine  the  dynamic  characteristics 
of  the  complete  system.  Additional  length  to  the  shock  3trut  must  be  added  in  either  case. 
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RELIEF  VALVE  FLOATING  METERING 

CONFIGURATION  PIN  CONFIGURATION 


FISURE  21.  SCHEMATIC  DIAGRAMS  —  ROUGH  TERRAIN  GEAR 


CONCLUDING  REMARKS 


The  investigation  reported  herein  attempted  to  determine  the  effect  of  rough  terrain  on  the  loads, 
weights,  and  performance  of  an  Army  observation  aiiplane  by  analytical  methods  in  which  num¬ 
erous  simulated  landings  were  made  on  surfaces  of  varying  slope,  softness,  and  roughness.  The 
results  must  be  used  with  discretion,  as  with  any  investigation  in  which  an  infinite  number  of 
possibilities  are  explored  by  a  finite  number  of  conditions. 

In  regard  to  the  computing  program  used,  it  can  be  said  that  this  method  or  one  similar  to  it  can 
be  very  useful  in  the  investigation  of  landing  load  phenomena.  To  obtain  accurate  results,  how¬ 
ever,  accurate  input  data  must  be  available  including  a  knowledge  of  the  tire  deflections  curve, 
fundamental  gear  characteristics,  and  structural  deflection  data.  A  checkout  against  drop  test 
results  is  also  desirable. 

As  a  further  check  on  this  program,  a  series  of  tests  will  be  run  in  the  near  future  on  the  NASA 
moving  drop  rig  at  Langley  Field,  Virginia,  in  which  the  loads  on  the  main  gear  will  be  measured 
while  it  is  traversing  landing  areas  of  varying  degrees  of  roughness.  At  that  time,  data  will  also 
be  obtained  on  the  side  loads  induced  when  the  gear  traverses  a  bump  obliquely. 

Subject  to  the  assumptions  and  limitations  stated  herein,  the  following  conclusions  regarding  the 
effects  of  rough  terrain  can  be  made: 

1.  Slopes,  or  long  bumps,  in  the  direction  of  airplane  motion  created  an  effective  increase  in 
sinking  speed  equal  to  the  forward  velocity  times  the  sine  of  the  angle  of  slope.  A  rough 
terrain  gear  should,  therefore,  incorporate  provisions  for  sinking  speeds  in  excess  of  the 
estimated  maximum  airplane  sinking  speed. 

2.  Soft  soil  produces  high  rolling  coefficients  of  friction  which  will  produce  maximum  drag  loads 
on  the  gear.  Work  needs  to  be  done  to  relate  the  rolling  coefficient  of  friction  to  measureable 
characteristics  of  the  soil. 

3.  During  landing  impact  on  rough  terrain,  protuberances  produce  load  pulses  which  the  standard 
hydropneumatic  shock  strut  cannot  alleviate  because  of  their  high  frequency.  The  magnitude 
of  the  load  developed  depends  to  a  large  extent  upon  the  tire  deflection  available  at  the  time 
the  gear  traverses  the  bump. 

4.  Short  bumps  produce  the  highest  ground  loads.  Longer  bumps,  whose  load  pulse  has  a  period 
near  that  of  the  structural  natural  frequency,  produce  highest  internal  structural  loads. 


5.  Under  the  assumptions  used  in  this  analysis,  multiple,  uniformly  spaced  protuberances  did 
not  create  loads  in  excess  of  those  obtained  from  single  bumps  located  at  the  most  critical 
distance  from  point  of  touchdown. 

6.  Structural  flexibility  had  little  effect  on  the  magnitude  of  the  maximum  gear  loads.  Structural 
flexibility  had  a  pronounced  effect  on  ma  ,.mm  internal  structural  loads  causing  an  amplifi¬ 
cation  of  up  to  1.5  times  rigid  body  loads. 

7.  The  detrimental  effect  of  rough  terrain  can  be  alleviated  by  the  propr-  choice  of  tire  and  by 
the  incorporation  of  special  features  in  the  shock  stmt  design.  Two  special  features  which 
warrant  consideration  are  the  oil  pressure  chamber  relief  valve  and  the  floating  metering  pin. 
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APPENDIX  A  ►  ECJATXONS  OF  MOTION 

NOTATION  (Con Md) 
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